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INTRODUCTION

Aeronutronic Publication No. 10162(U), dated S February,
1962, describes the general features of two lunar vehicles capable
of returning detailed data from the lunar surface at an early date
using the Ranger delivery system. The first of these vehicles is a
Facsimile System, or Lunar Surface Photoreconnaissance Capsule (LSEC),
intended to reproduce on earth a photograph showing in fine detail a
panoramic view of the lunar landscape. The second vehicle is an
Accelerometer System, or Lunar Surface Measurement Capsule (SURMEC),
intended to measure directly the lunar surface strength characteristics
at a number of dispersed points on the surface.

Task I of JPL Letter Contract No. 950267 authorizes Aero-
nutronic to perform a Systems Integration Study of these two systems.
This interim report presents, for each capsule, sections covering
Mission Objectives and Design Criteria, System Design Characteristics
and Restraints, and a brief discussion of analytical and design effort
on system tradeoffs. '

The sections on Mission Objectives and Design Criteria
provide ground rules, guidelines, and definitions of the general
design philosophy; they also establish an order of priority among
competing criteria. The material {n~ludes only design criteria that
have been established at least on s preliminary basis, rather than
a discussion of alternate methods.

The sections on Design Characterlltic. and Restraints
explain in gereral terms how the design objectives will be met, and
in sufficie’: ietail that functions of the systems and subsystems
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FACSIMILE SYSTEM (LSPC)

MISSION OBJECTIVES AND DESIGN CRITERIA

1.0 INTRODUCTION

The primary purpose of the Lunar Surface Photoreconnaissance
Capsule (LSPC) is to obtain high-resolution facsimile plctures of the
lunar surface at the earliest possible date. The systems and tech~
niques developed in the first five Ranger flights will be fully utilized
in meeting this objective. :

It will be a design objective to require no changes in the
Ranger RA-3, 4, 5 system for delivering a lunar landing sphere. The
landing sphere itself shall utilize Ranger components and techniques
wherever applicabla.

Any margins {n weight and volume will be employed to ensure
the achievement of the primary objective of obtaining surface facsimile
pictures. : :

2.0 MISSION OBJECTIVES

The LSPC lunar rough landing capsules are planned for a

series of repeated attempts to acquire, process, and transmit to earth
facsimile picture data corresponding to a portion of the lunar terrain
surrounding the landing sphere assembly's resting place. This picture
is to be taken from an elevation of a few feet above the lunar surface.
The facsimile picture Cata shall be obtained (1) with sufficient quality
and content that it materially contributes to the knowledge of lunar
surface topography and texture, (2) with definition sufficient to aid
in the design of manned lunir landing vehicles. and (3) at a date early

- enough to be effective in this design.
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3.0 DESIGN CRITERIA

Design criteria applicable to the launch vehicle, space-
craft bus, and LSPC are described in the following subparagraphs.

3.1 Launch Vehicle and Spacecraft Bus Criteria

Other than manactory engineering change orders resulting from
RA-3, 4, 5 experience, no changes will be required for the LSPC
mission on either the Atlas and Agena B boosters or the Ranger RA-3,
4, 5 spacecraft bus.

3.2 Capsule Assembly Criteria

The LSPC consists of a Landing Sphere Assembly, which impacts
on the lunar surface, and a Retro System Assembly, which includes

those subsystems necessary o slow the Landing Sphere Assembly to an
acceptable impact velocity.

3.2.1 Retro System Assembly -

Other than mandatory engineering change orders resulting. from
RA-3, 4, 5 experience, no changes will be required i{n the altimeter,
spin motor, retro rocket motor and other subassemblies of the complete
RA-3, 4, 5 retro system assembly. :

3.2.2 Landing Sphere Assembly

Components and techniques developed for the RA-3, 4, S landing
sphere assembly will be employed with minimum modification in the
LSPC Landing Sphere Assembly wherever applicable. To make maximum
use of previous work, the design of the optical scanning, sensing and
data handling portions of the Landing Sphere Assembly will generally
conform to the designs already developed during the feasibility study
conducted under Contract N-21453, Task II.

3.2.2.1 Competing Characteristics. Competing characteristics shall
be treated in the following order: .

(a) Reliability of larding sphere operation on the lunar
surface. .

(b) Picture resolution and general quality,

~be
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(c) Schedule.

(d) Biological ‘sterility.

(e) Ease of fabrication and producibility of system.

(f) Pre-flight checkout simplicity and shelf lifetime.
(g8) Picture area coverage. Only that coveragelin excess

of a minimum requirement equivalent to two 90-degree
azimuth sectors with 50-degree elevation scanning shall
be considered to be a competing characteristic.
Defined Characteristics. Defined characteristics are as
follows:

(a) Weight., The weight of the landing sphere assembly 1is
fixed at .3 pounds by the selected trajectory and
available “:unch vehicle performance and especially
by the available impulse of the RA-3, 4, S retro motor.
This design weight must be maintained to achieve maximum
impact survival probability. If an excess design weight
problem exists, the sclution will be to reduce the extent
of the picture area coverage. If the landed sphere with
all of its desired components i{s underweight, additional
steps to increase (1) the reliability of the mission,
and (2) the calibration of distance in the picture will
te considered the best uses of the additional weight
allowance.

Impact Environment. The RA-3, 4, 5 lunar impact envi-
ronment specification (Master List of Environmental
Requirements, Section II, Aeronutronic Publication No.
U-902-1, dated 15 April 1961) shall be used for design
purposes.

(b)

Effect on Spacecraft Bus and Retro Assembly. The inter-
faces between the landing sphere assembly, the retro
assembly, and the spacecraft bus shall remain as desig-

nated for RA-3, 4, 5.

(c)

Reliability Philosophy Affecting Design. Design techniques
employed insofar as possible to achieve a high reliability shall

include the following:

-s-
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(a)
(b)
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(d)
(e)
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Minimization of required functions.
Simplification of functions.

Use of proved components.

Use of passive rather than active components.

Arrangement of functions in parallel ratherrtSAn in
series.

Minimization of dependence on lunar terrainm,

Redundancy.

After all elements of the system are adequately ruggec'zed,
redundancy shall be employed to the extent permitted withim
the weight limitation.

Experimental Philosophy Affécting Design

(a)

(b)

Pre-launch Environmental Control. The landing sphere
assembly and its components shall not be subjected to
environments beyond flight-acceptance levels, and the
burden of protection from overexposure shall be on oper-
ators and facilities rather than on the landing sphere

- assembly itself. Clean, air-conditioned working areas,

special handling fixture, air transport, electrical over-
load protection, and other such measures external to the
landing sphere assembly shall be used to the extent
practicable, and the landing sphere assembly design shall
be based primarily on environments expected from the time
of final mating onward through launching and flight.
Wherever possible, biological sterility shall be achieved
by external measures without the requirement for access
into sealed components, so that the adverse effect of

the sterility requirement on equipment design, reliability,
and schedule is minimized.

Operating Condition at Launch. The design criterion
should be to attain a high m‘ssion reliability without
dependence on checkout instrumentation, centrol, and

5
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correction of deficiencies in the landing sphere assembly
after completion of assembly. Subsystems must be designed
to maintain full operating ability and to hold calibra-
tion from the time of assembly to flight. Provisions for
checkout testing after completion of assembly of the lande
ing sphere shall only be provided to the extent that they
can be demonstrated to increase the net probability of
success for the mission when the added complexity to pro-
vide checkout testing is considered.

(c) 1In-flight Failure Detection. Failure detection methods
shall be employed only to the extent that they do not
detract from the reliability of achieving the primary
mission objective.

(d) Function After In-flight Failure. Interdependence between
subsystems shall be minimized, but will necessarily exist
to a large extent. The general design criterion is that
no subsystem is required to function after failures of
subsystems on which it depends, except where this can be
achieved without complicating the design or diverting
effort from the main objectives of the flight.

Test Philosophy Affecting Design

The objective i{s to obtain reliability by design rather than

by extensive development. In general, designs shall not be com-
promised to accommodate testing. However, when subsystem accep-
tance tests are the only vay of determining readiness for assembly
and flight, the design must, of course, incorporate the necessary
test provisions. Moreover, a test of the complete spacecraft
assembly is considered essential to verify the compatibility
between the capsule and the spacecraft bus.

In system tests, the purpose is primarily to simulate flight
and lunar operation. The burden of simulation shall, as far as
possible, fall on equipment external to the landing sphere
assembly. '
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SYSTEM DESIGN CHARACTERISTICS

1.0 OPERATIONAL DESCRIPTION

The primary functional operations of the Lunar Surface
- Photoreconnaissance Capsule include terminal flight control, retro
I ‘ pPropulsion, semi-rough landing, survival, event sequencing, power
supply, obtaining a facsimile picture of the moonscape in the vicinity
of the landing site, electronic processing and transmission of the
l electrical facsimile signals to earth, thermal control, and mechanical
support. ,
l‘ Uponrec:ipt of a signal from the spacecraft bus at the
terminal end of the flight, the altimeter is deployed and the thermal
radiation shield retracted. When the altimeter detects that the space-
craft is at fuzing altitude, the retro motor and landing sphere assembly
[ are freed from the bus. The solid propellant spin rocket motor imparts
rotation about the longitudinal axis for attitude stabilization, followed
by a retro impulse from the solid propellant retro rocket motor to reduce
' the descent velocity to zero at a specified altitude above the lunar
surface. After retro rocket burnout, the spent motor case is separated
from the landing sphere. To survive the semi -rough landing from the
free fall, the instrument package (called the payload) is protected by
[ an envelope of crushable shock-absorbing material capable of limiting
the landing deceleration and absorbing the impact energy.

Subsequent to impact the spherical inner payload establishes
its alignment with the local vertical. A porting mechanism produces
a hole ia the shell of the landing sphere through which the antenna is
erected and a portion of the electrical/optical/mechanical facsimile systen

- m——— s e e -~ = e T
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1s extended. The facsimile system then commences to view the surround-
ing lunar terrain through vertical scanning while slowly rotating in
azimuth. The photo-facsimile data is transmitted in real time to earth
until deplecion of the capsule power supply. .

2.0 CONFIGURATION DESCRIPTION (Figures 2-1 through 2-4) )

An Atlas first-stage booster, Agena B second stage, and
Ranger RA-3, 4, 5 spacecraft bus are utilized to deliver the LSPC.
The basic configuration of the LSPC consists of the payload cushioned
in a spherical impact limiter and mounted to the forward end of the
solid propellant retro rocket motor, which in turn is mounted to the
bus through the motor support structure. A cylindrical radiation
shield of flexible laminated material surrrunds this assembly. The
spin rocket motor is attached to a plug rigidly supported in the retro
nozzle throat, and the altimeter assembly is mounted on the top of the
bus hexagonal frame. The capsule assembly is capped by the bus-
controlled omnidirectional antenna.

Two separation clamps with appropriate explosive bolt cutters
are to be used to temporarily bond equipment together. The upper one
holds the landing sphere assembly to the retro motor, and in a small
cavity located between these two is the power and sequercing assembly
(P&SA) containing the pre-impact timing mechanism. The lower clamp
binds the retro motor to the motor support structure. The motor support
structure is attached to the top of the bus hexagonal frame and provides
accurate bus/capsule alignment. Located around the periphery of the
landing sphere/retro motor interface are damping devices which limit
the motions produced by vibrational excitations. The lower end of the
radiation shield is tied to the base of the retro support structure.

The shield is held under tension by retractors attached to its opposite
end. The altimeter and its support and deployment mechanism are located
outside of, and at the base of, the shield envelope. The altimeter
support structure is clamped firmly to the bus.

Within the impact limiter is the payload sphere suspended at
neutral buoyancy in flotation fluid. The center of gravity of the sphere
is located below the center of buoyancy so that after impact the payload
erects and self-aligns with the local vertical. A caging mechanism is
located on the bottom of the outside surface of the payload sphere. This
cages the payload from the time of final assembly until retro braking
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just prior to impact at which time the caging foot is retracted. After
impact and alignment to the vertical another caging foot is extended to
again cage the sphere. An explosive hole-cutter or porting mechanism

is located at the top of the erected payload sphere and is positioned to
fire upward, providing a hole through which the top tube assembly (which
includes the inflatible antenna and a portion of the. facsimile system)
1s extended by means of a deployment mechanism. The facsimile system is
composed of the azimuth drive assembly, motor drive electronics, signal
electronics, and an electrical/optical/mechanical top tube assembly.
Only the latter top tube assembly portion of the facsimile system is
extended through the hole provided by the porting mechanism. The pay-
load structure also contains the required 960 mc telemetry transmitter,
power supply, post-impact timer, inertia switches, water tanks for
evaporative cooling, and a thermal control valve.

3.0 SEQUENCES

3.1 General Description

3.1.1 Oberation Modes

3.1.1.1 Launch. When launch acceleration exceeds S5g for 1.5 seconds,
a switch arms the P&SA in the retro system assembly. This arming
procedure is inserted as a safety feature to isolate the P&SA
power supply from the rocket motor squib circuitry until after
launch.

3.1.1.2 Descent. Completion of the spacecraft terminal maneuver aligns
the capsule assembly roll axis with the predicted relative
velocity vector. At approximately 40 minutes prior to impact a
command signal, which is timed and powered from the bus, fires a
bolt cutter which releases the altimeter and its parabolic
antenna from the stowed position such that the boresight of the
antenna is aligned parallel to the capsule roll axis. Following
this, the bus releases a clamp and the omnidirectional antenna.
is deployed away from the capsule by means of & boom. This also
releases the radiation shield retraction mechanism so that the
flexible shield collapses to the base of the retro motor support
structure. .

At approximately 60 seconds before unbraked impact the bus again
provides power to actuate a switch which turns on the altimeter.
This turn-on allows for a 15-second warmup time and a 25-second

uncertainty time in bus impact prior to 180,000 ft altitude (20.6 seconds

elbe
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before bus impact). At fuzing altitude (approximately 70,000 feet), the
altimeter closes a relay which in turn connects bus power to four redundant
lower separation clamp bolt cutters on the retromotor support structure.

Simultaneously, bus power fires two parallel squib switches which activate
the P&SA. :

The P&SA contains three electrical timers which are started
simultaneously. The first of these is a spin motor timer which provides
a nominal delay of 215 milliseconds. The delay of spin motor ignition
is 20 milliseconds and the lower clamp opening is completed in less than
200 milliseconds. Lower bound tolerances assure that the spin motor ig-
nition always occurs after clamp opening. Spin motor burning time does
not exceed 1.3 seconds.

The second P&SA timer accomplishes firing of the retromotor.
The nominal delay (from altimeter fuzing) of this circuit i{s 2 seconds
and varies up to + 0.3 seconds depending upon the measured mean temper-
ature of the propellant. The retromotor burns for about 9.6 seconds.
Nominal burn-out altitude is 1,000 feet at which time the descent velocity
is nominally zero. The dispersions in burnout alt{itude are such that burn-
out occurs prior to impact for approximately 99 percent of the cases.

The third P&SA timer is used to fire two upper clamp bolt cutters
which separate the empty retromotor case from the landing sphere. It has
a nominal delay of 12.5 seconds after P&SA initiation.

3.1.1.3 - Post-Impact

In order to initiate the remaining sequence of functions, a squidb
switch in the payload is closed during retrobraking when a 25g
inertia switch i{s closed for more than 1 second. This switch
initiates (with essentially no delay) pre-impact uncaging and
also activates a sequence timer which

(a) after 10 minutes accomplishes post-impact caging,

(b) after 11 minutes fires the porting device which cuts
a hole through the flotation fluid shell and impact
limiter to permit venting of the flotation fluid
and coolant systems.

(c) after 12 minutes extends the top tube assembly and
antenna through the hole by means of a deployment
mechanism, and ‘

T R e e e e s 4 - e e e = e cemem e - .
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(d) after 13 minutes turns on the motor drive electronics
(wvhich activates vertical scanning and azimuth drive),
the signal electronics, and the transmitter and turns
off the sequence timer.

3.1.2 Tabular Resume
The sequential events which occur during the terminal and post-

impact phases are summarized in Table 3.1.2-1 and illustrated in
Fj.gute 3.1.2'1.

3.1.3 Peripheral Support

" 3,1,2,1 Bus. 1In order to satisfactorily complete all events, it is

necessary for the bus to

(a) align the capsule assembly roll axis with the
. predicted relative velocity vector,

(b) provide command signals which are both timed and
povered from the bus to

(1) release the altimeter deployment mechanism,

(2) release the omni-directional antenna and
radiation shield,

(3) actuate a thermal switch to turn on the
altimeter,

(c) provide power to

(1) activate the four bolt cutters on the lower
separation clamp, and

(2) activate two squib switches which start the .
P&SA timers,

3.1.3.2 Capsule

Other than those operations mentioned above which require bus
energy, all timers, inertia and squib switches, power supplies,
pyrotechnic and propulsion systems required to adequately per-
form the sequencing operations will be supplied by either the
LSPC retrosystem assembly or landing sphere assembly.

=16~
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TABLE 3.1.2-1

TERMINAL AND POST-IMPACT SEQUENCE OF EVENTS

Event

REDRDRR Mo, £2-/ 575~

Initiated By

bus

bus

Altimeter

Squib switch

P&SA timer

P&SA timer

25-g switch

P&SA timer
Post-impact timer
Post-impact timer

Post-impact timer

'1‘1* - 40 min Deploy altimeter
Deploy omni-antenna
Retract radiation shield

‘1‘1 - 60 sec Turn on altimeter

'1'1 ~ 45 sec Altimeter warmed up

'l.'1 - 8.1 8ec = ‘1‘2 Fuzing altitude _
Fire P&SA squib switches
Fire lower clamp bolt cutters

'l‘2 + 6 msec P&SA timers started

T2 + 175 msec Lower clamp separation completed .

T, + 221 msec Signal spin motor ignition

Tz + 2 sec Start retromotor ignition

Tz + 5.2 sec = rs Start post-impact timei:
Pre-impact uncaging

1‘2 + 11.6 sec Retromotor burnout

'1‘2 + 12.5 sec Upper clamp separation

Tz + 32 sec Landing sphere impact

'1‘3 + 10 min Post-impact caging

'1’3 + 11 min Activate porting device

T3 + 12 min Deploy and inflate antenna
Deploy top tube assembly

'1‘3 + 13 min Activate electronics

*'1‘1 is the time of bus unbraked impact.,

e17-.
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524,000 FT(-60.6 SEC)
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FIGURE 3.1.2-1. TERMINAL SEQUENCE OF EVENTS
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3.2 Engineering Datas

3.2.1 Commands

After release from the spacecraft bus, that portion of the capsule
assembly which undergoes the retromaneuver is autonomous, requiring no
additional command inputs to perform its assigned functions. Subsequent
major events are conducted sequentially by series and parallel timing
mechanisms in the P&SA and within the landing sphere assembly.

3.2.2. Measurements {excluding the scientific experiment)

3.2.2.1 Retrosystenm Assembly. When the altimeter is fully deployed,
an electrical microswitch on the altimeter support structure
is closed which provides a signal to the bus telemetry sys-
tem confirming this event. Also, during altimeter operation
a means of generating a dc signal that i{s indicative of the
reflected power received by the altimeter is provided to the
bus for the purpose of telemetering this i{nformation to earth,
The bus also monitors the altimeter fuzing signal and spin
motor separation from the spacecraft.

3.2.2.2 Landing Sphere Assembly. The payload antenna is not effective
until after impact, preventing any detection of failure during
impact from transmitted signal characteristics. Direct post-
impact failure detection is limited to monitoring the internal
thermal environment. The voltage-controlled oscillator which
controls the data subcarrier and the crystal-controlled oscil-
lator which controls the carrier are both temperature sensitive
and are calibrated prior to launch. Detection of failure modes
other than this must be indirectly deduced from a relative
diagnosis of signal magnitude and content.

4.0 FLIGHT CONTROL
4.1.1 General

After bus initiation of the terminal sequence the retrosystea
assembly, with the aid of those inputs from the bus described in 3.1.3.1,
delivers the landing sphere assembly to a nominal altitude of 1,000 feet
above the lunar surface at zero descent velocity. There shall be no
electrical connections between the landing sphere assembly and the retro-
system assembly. : "

-19- -
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4.1.2 Altimeter

A radio altimeter is required which radiates energy to and receives
its own reflected radiation from the Ji-sr surface for the purpose of de-
termining when the bus has reached t:. . :rect altitude for separation of
the lunar capsule. The altimeter shal. :e the only means for initiating
this separation from the bus, A means of generating a dc signal which
is indicative of the received reflected energy will be provided for the
purpose of telemetering this information to earth, The altimeter shall
be capable of being deployed from a stowed position so as to point at the
lunar surface along the spacecraft roll axis. Although the altimeter is
deployed and activated by command from the bus, it shall contain its own
power supply.

4.1.3 Spin Rocket Motor

A solid propellant spin motor assembly is required to develop and
deliver axial rotation to stabilize the retromotor/landing sphere assembly.
Its exhaust nozzles will be canted to deliver a forward impulse to the
assembly as well as torque. Spin motor ignition is initiated by a command
from the P&SA.

4.1.4 Retrorocket Motor

A solid propellant retromotor assembly shall be capable of braking
the total landing sphere weight from the nominal bus impact velocity. This
velocity is completely removed at a nominal altitude of 1,000 feet above
the lunar surface. Retromotor ignition is initiated by a command from
the P&SA.

4.1.5 Power and Sequencing Assembly (P&SA)

A P&SA 1s required to initiate and control the timing of sequential
events prior to impact. 1Its operation is initiated by the altimeter fuzing
signal. It will contain its own source of power. -

4.1.6 Separation System

Two clamps are used to temporarily mate the landing sphere to the
retromotor and the retromotor to its support structure. Lower clamp separ-
ation is initiated by the altimeter fuzing signal, and upper clamp separa-
tion is initfated by the P&SA. A :

'20’"'
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4.1.7 Support Structure

A support structure capable of supporting the weight of the entire
capsule assembly under all prelaunch, boost and transit environmental
conditions must be provided. The structure will also contain all necessary
wiring and a mechanism for attachment to and release of the retromotor,
and must be compatible with the bus structures.

4.2 Post-Impact Orientation

4.2.1 Erection Method

The payload is floated at neutral buoyancy within the impact limiter.
Its cg shall be offset from the center of buoyancy so that the payload axis
will be aligned with the local vertical and can be caged in this position
after impact, . .

$.2.2 Porting Mechanism

Subsequent to erection, a porting mechanism shall produce a hole in
the flotation fluid shell and impact limiter above the folded antenna and
top tube assembly. This hole shall be of sufficient diameter to allow the
top tube assembly to move freely through it.

4.2.3 Antenna and Top Tube Development Mechanism

Subsequent to porting, the antenna and top tube must be permanently
deployed vertically by the deployment mechanism.

4.3 Communication

4.3.1 Antenna

The inflatable antenna shall be capable of pneumatic inflation
and shall approximate omni-directional coverage over a hemisphere for
data transmission. '

4.3.2 Transmitter

The L-band transmitter located within the payload operates at
approximately 960 mc and shall have a power output of not less than 2 w
and an information bandwidth of not less than 65 cps.

-21. - .
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4.4 Scientific Experiment

The facsimile system shall be capable of taking pictures of the lunar
surface surrounding the landing sphere's resting place. Picture scanning
in elevation is employed and is combined with a slow rotation of the top
tube assembly about the azimuth axis. The vertical scan line separation
shall not be greater than 0.1 degree, and the system angular resolution
shall be compatible with this scanning for object distances greater than
45 inches. The facsimile picture area coverage shall equal or exceed the
equivalent of two 90-degree azimuth sectors with 50-degree elevation
scanning.

4.5 Environmental Control

4.5.1 Impact Limiter

The impact limiter shall be capable of protecting the payload from
damage after a lunar gravity free-fall of nominally 1,000 feet with no
initial velocity. The impact limiter shall remain intact after the fall.

4.5.2 Thermal Controls

Passive temperature control shall be provided to insure mission
success under direct solar radiation. A radiation shield shall contribute
to this protection during earth-to-moon transit, and a water boil-off
thermal control system contained within the payload sphere shall maintain
allowable payload temperatures during lunar operation. '

-22-. -
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SYSTEM DESIGN RESTRAINTS

1.0 ENVIRONMENT

The capsuie components must be designed to survive and operate
satisfactorily through the environmental stages listed in Table 1-1
These are designated as:

(2) Condition I:  ground handling through lunar flight
(b) Condition II: ground handling through spin-up
(c¢) Condition III: ground handling through retrothrust

(d) Condition IV: ground handling through impact and
lunar operation

The expected environmental levels are listed in Tables 1-2 through 1-5.

2.0 VEHICLES

2.1 General

2.1.1 Veight

The total weight of the capsule system shall not exceed 333 pounds.

- 2,1,2 Center of Gravity

The center of gravity of the entire capsule system as fnstalled
(altimeter in stowed position) on the bus shall lie within 30 inches of
the bus/capsule support structure interface. The misalignment of the

-23‘-
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TABLE 1-1
Condition Events
1 Ground Handling,
" Launch and Lunar
Flight
I1 Condition I plus
Spacecraft Separation
and Spin-up
I11 Condition II plus
Retrothrust
v " Condition III plus
Impact and Lunar
Operation
-26- ..
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Ma for Equipment

Altimeter and support and
deployment mechanism

Radiation shield and
retraction mechanism

Lower separation clamp

Retromotor support
structure

Wiring harness and junction
box :

Spin motor

P&SA

Vibration dzumpers
Upper separation clamp
Retromotor :

Landing 'sphere
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TABLE 1-2
VIBRATION ENVIRONMENT
- (Applies to all defined conditions)

Combined
Thrust Axis Sinusoidal White Noise Sine Noise
Magnitude +3* +25g 7.5gx% S5 g 2.25g 2.25 g
Bandwidth, cps 1-2 2-40 15-1500 15-1500 40-1500 15-1500
Duration 8 min; COSR*** 6 sec 3 min 3 times, 2 min each;
COSR for sinusoid
Pitch Axis
Magnitude £ 3 +1.25g 3.5 2.25g 1,125 g 1.125 s
Bandwidth, cps L -=-==-s=ne--nmennes same a8 thrust-----=-=-==z=-=-n--]
Duration Eaame as thrust] 12 sec E--ume as thrust--
Yaw Axis
Magnitude
Bandwidth, cps | -==--=--=-=--=-=c-e- same as pitch---------ccccoc--- -
Duration L
.

* Where "+" is shown, peak values are implied.
*% Where "+' is not shown, rms values are implied.

*%% Constant Octave Sweep Rate

-25-
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- ' TABLE 1-3

THRUST-GENERATED ACCELERATION AND SPIN ENVIRONMENT

r——t

Angular Acceleration Spin Rate

Linear Acceleration (g) (rad/secz) (rpm)
{
Condition 1
Thrust Axis +7, -2 - A -

.
i §

Yaw and Pitch Axes

i+
~
'
'

oy
+ oo |

Condition I L é

L

‘ Thrust Axis 30 287
same as Condition I )

Yaw and Pitch Axes

H Conditions III, IV

) Thrust Axis +65, - 2

E ----game as Condition I]l----
If Yaw and Pitch Axes 2

Fr

¢

Pee——
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TABLE 1-4

IMPULSIVE SHOCK ENVIRONMENT

Condition 1, II, IIX Amplitude* Duration
Thrust Axis 20 g peak 3 milligec
Yaw and Pitch Axes 6 g peak 3 millisec

Condition IV (any direction) 3,000 g peak 4 millisec

(Integral up to 200 ft/sec)

TABLE 1-$
TEMPERATURE, PRESSURE AND HUMIDITY ENVIRONMENT

Humidity

Temperature °I' Pressure (mm Hg) (% RR)

Condition 1, II, IIX

Pre-launch + 20 to + 125 . 774 100
plus solar radiatfion
Space flight Direct solar radfiation 0 -

where exposed; radiation
to O'R vhere shaded
Condition IV + 260 max 10712

* 1/2 sine wave

-27. °
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thrust axis of the rocket motor and the bus longitudinal axis (as defined
by the bolt circle surface) shall not exceed 0.1 degree. The center of
gravity of the separated capsule assembly shall not be displaced more
than 0.03 inch from the nominal retrothrust axis.

2.2 Power System
2.2.1 Power and Sequencing Assembly

A sealed battery pack is to be used as the sole source of power
for the pre-impact sequencing unit and must be small enough to be com-
pletely contained within the P&SA unit. It shall provide for an opera-
ting period of 16.5 seconds. At no time during operation shall the open
circuit voltage be greater than 28 volts nor the terminal voltage less
than 14 volts. It shall be capable of providing a continuous current
drain of 30 milliamperes plus three (non-simultaneous) current pulses:
two 3-ampere pulses each of l-second duration and one 4-ampere pulse of
100-milliseconds duration. The battery pack should be rechargeable -
through 5 cycles.

2.2.2 Altimeter

A power supply, including a sealed battery pack, converters and
regulators, shall be an integral part of the altimeter system. It shall
provide for an operating time of 2 minutes. At no time during operation
shall terminal voltage be less than 6 volts nor more than 9 volts. It
shall be capable of providing a maximum peak current drain of 5 amperes.
The battery pack should be rechargeable through 5 charge/recharge cycles.

2.2,3 Landing Sphere

A sealed battery pack shall be located in and used as the sole
source of power for the payload. ' ~

2.3 Flight Control

2.3.1 Retrorocket Motor

The retrorocket motor is required to serve as the braking device
for a vehicle weighing approximately 308 pounds including the motor weight.
The motor with suitable attach devices shall serve as a primary structural
member of the capsule system in such a way as to permit separation from
the spacecraft structure and separation from the landing sphere assembly.

-28-
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The retromotor shall decelerate the landing sphere in gravity-free vacuum
space by approximately 8816 feet per second, and shall provide reasonable
assurance that burnout will occur at an altitude between O and 2000 feet
above the lunar surface. The motor shall be of nearly symmetrical con-
figuration so that a condition of dynamic balance may be achieved. The
motor shall support the approximately 93-pound weight of the landing
sphere plus attachings mounted along the thrust axis on the head end of
the motor. The retromotor shall also serve as the structural support

for the spin system in such a way as to permit jettisoning of the spin
system during retromotor ignition.

2.3.2 Spin Rocket Motor

The spin motor assembly shall be required to develop and deliver
to the retromotor/landing sphere assembly a torque to accelerate this
assembly to a spin rate of approximately 285 rpm. The spin axis is to
be coincident with the retromotor thrust axis. The torque vector shall
not be misaligned from the retrorocket centerline by more than 0.010
radian.. The spin motor is to be mounted so that the spent motor case
can be jetcisoned shortly after retromotor ignition. The spin unit ig-
nition shall be sequenced by a signal from the P&SA. The unit must ig-
nite promptly and reliably upon receipt of the signal with a desired
minimum probability of ignition of 0.995. It shall be of symmetrical
configuration so that a condition of dynamic balance may be achieved,

2.3.3 Support and Separation

The support and separation assembly serves as the primary struc-
tural member for transmitting loads from the bus to the capsule. The
forward end of the support assembly is attached to the rocket motor
case continuously about the circumference of the case. Separation must
occur at this plane on receipt of a command signal from the altimeter
assembly. The misalignment of the bus longitudinal axis (as defined by
the bolt-circle of the bus) and the thrust axis of the rocket motor shall ;
not exceed 0.1 degree. Exposure to the launch environment shall not pro-.
duce an additional misalignment which exceeds 0.1 degree. The complete
separation process shall not produce a capsule angular rate which
exceeds 0.04 radian/second. :

2.3.4 Altimeter

Erection of the altimeter shall be accomplished in no less than
5.2 seconds. The delay between the bus-generated commands for deployment
of the altimeter and the omni-antenna shall be no less than 5 seconds.

33
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The antenna is to be erected at the beginning of spacecraft terminal
maneuver (one hour before landing). The erection mechanism will attach
to the bus structure. When the antenna is in the operating position, it
will project over the side of the bus, and its beam axis must be parallel
to the roll axis of the spacecraft. The antenna beam axis shall be with-
in 0.25 degree of normal to a reference plane defined by three points

on the antenna structure.

The altimeter is to start operation upon receipt of a command
signal and deliver a single output signal (designated "fuzing signal")
at a prescribed altitude (designated "fuzing altitude"). The altimeter
will not be separated from the bus. The altimeter shall start within 1
second after receiving a start signal voltage step of 18 to 30 volts.
The altimeter shall not cause any interference with other r-f equipment
on the bus operating in the vicinity of 890 and 960 mc. The altimeter
is to be started at a time before bus impact such that warm-up will be
complete at an altitude of not less than 180,000 feet. The pulse repe-~
tition frequency shall be between 500 and 600 pps, and warm-up time shall
not exceed 15 seconds. To prevent false fuzing under these conditions,
warm-up shall not begin at an altitude in excess of 820,000 feet. During
the time of operation of the altimeter, the approach velocity to the
moon will be between 8400 and 9400 feet per second. The fuzing altitude
shall be set at a point between 61,800 and 81,800 feet. The altimeter
shall provide a range resolution accuracy such that the cumulative errors,
from all effects (range measurement, antenna boresighting errors, switch-
ing time, etc.) shall result in a measurement error of no greater than
500 feet at the fuzing altitude. The altimeter shall operate and shall
be capable of delivering a fuzing signal for a period of not less than
120 seconds following warm-up. The altimeter shall have a probability of
false fuzing, from maximum starting altitude, of not greater.than 1 percent.

2.3.5 Impact Limiﬁer

The impact limiter shall be nominally transparent to radio frequency
energy. It shall be adequate to sustain impact normal with the lunar sur-
face at velocities up to 200 feet per second. An interconnect member,
adequate to attach the sphere to the retromotor throughout the flight en-
vironment, shall be attached at one end (along the thrust axis) and shall
provide a means of separating the landing sphere from the rocket after
rocket motor burnout. A similar clamp device and attach fitting shall
be provided on the opposite end, along the thrust axis to support the
spacecraft omni-antenna. '
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2.3.6 P&SA

The P&SA shall consist of equipment and circuitry for sequencing
the terminal events just prior to lunar impact. It shall possess a means
for isolating the battery supply from the timers and squib circuits until
after launch acceleration exceeds a nominal value of 5 g for 1.5 seconds.
The sequencing unit and the batteries shall be self-contained.

3.0 SCIENTIFIC EXPERIMENT

For shadow contrast and prevention of the main sensors from
being damaged by direct solar radiation, at no time during the experiment
should the lighting angle be less than 20 degrees nor greater than 70
degrees. (The lighting angle is defined as the angle between the sun-
moon line and the lunar local vertical.)

4.0 COMMUNICATIONS
4.1 Antenna

The facsimile data are to be transmitted from the moon to DSIF in
real time. The antenna shall be compatible with communication angles
of from 0 to 45 degrees. (The communication angle is defined as the
angle between the earth-moon line and the lunar local vertical.)

4.2 Transmitter

Subsequent to mounting the capsule on the bus, the transmitter shall
not be operative until after impact. The carrier shall be 960 mc in the
L-band and shall be phase-modulated. If subcarriers are employed, they
shall be standard IRIG channels. :

5.0 OPERATIONS AND TEST PLAN (EFFECT ON CAPSULE DESIGN)

The landing sphere assembly design shall be based primarily on
environments expected from the time of final mating onward through launch-
ing and flight. Its components shall not be subjected to environments
beyond flight-acceptance levels, and the burden of protection from over-
exposure shall be on operators and facilities rather than on the landing
sphere assembly itself,
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High mission reliability must be attained without dependence
on checkout instrumentation, control, and correction of deficiencies
in the landing sphere assembly after completion of assembly. Subsystems
must be designed to maintain operating ability and to hold calibration
from the time of assembly to flight.

Except for gross system checkout and tests to verify the compat-
ibility between the capsule and the spacecraft bus, design constraints
do not permit testing, trouble-shooting, nor component replacement beyond
final assembly.

All elements of deliverable capsules which can be tested non-
destructively must pass acceptance tests. Acceptance tests are envirom-
mental and functional tests of the specific components, subsystems and
systems which are scheduled for flight., These tests demonstrate that
the flight units satisfy the designs and specifications.

6.0 PACKAGING AND WIRING

All electrical, electronic, and electromechanical parts in the
capsule will be procured to Minuteman, Space Parts Working Group, or
equivalent Aeronutronic-generated high-reliability specifications. To
the extent practicable modular scheme of packaging of electronic equipment
shall be used. The external wiring system for the capsule is used for
transmission of electrical signals for controlling terminal events prior
to lunar impact. A portion of the system shall also be used to provide
telemetry information to the bus telemetry system.

7.0 STERILIZATION

Direct action shall be taken to deliver the capsule system in
a bacteriologically sterile condition. To do this, all feasible and
reasonable engineering precautions shall be exercised by subjecting the
various system elements to one or more of the following:

(a) heat-soaking components and subassemblies at 257°F
for 24 hours,

(b) wusing sporicidal resin systems,

(c) wusing liquid sterilizing additives to non-metallic components,

-32-
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(d) using surface sterilizing agents during interfacing
- operations, or

] (e) exposing to ethylene oxide/Freon 12 gas mixture,

and conducting assembly operations, where required, in a sterile environ-
ment.,

- Mechanical mating of the capsule system to the bus is limited
to the landing sphere/JPL omni-antenna interface, the retrosupport struc-
ture/bus interface, and the altimeter/bus interface. These operations
shall be accomplished within tolerances which conform to Sections 2.1.2,
[ 2.3.3, and 2.3.4. The design of the capsule should be such that 1t will
2 not interfere with the shroud envelope.

{'. A junction box capable of exchanging all signals necessary to

[ 8.0 INTERFACE PROBLEMS '
meet the capsule/bus electrical interface shall be provided.

|
;
1@ - I
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EVOLUTION OF SYSTEM DESIGN CHARACTERISTICS

extensions, it was tealized that high resolution photography from a
hard landed capsule would provide most useful engineering information
for later missions. The difficulty with conventional means of obtain-
ing such pictures is that they are very complex, require too much
power, and would require extensive ruggedization in order to withstand
a 3,000 g landing.

The capsule _extension studies were then directed toward
defining the feasibility and possible configuration for obtaining
lunar surface photographs within the constraints of the hard-landing
capsule. It was assumed that the functional sequence of landing and
the systems involved would be identical to RA-3,4,5. Thus the mission
would have to be accomplished after a 3,000 g, 3 millisecond impact,
and from within the geometry of a 12-inch sphere, and a weight limit
of approximately 50 pounds. It was concluded that orientation to the
local vertical would be accomplished by flotation, as in the Seismo-
meter Capsule; and that, in order to view the lunar surroundings,
it would be necessary to remove at least a section of the shell and
impact limiter to provide access to the outside.

Early in 1961, under a series of studies of possible Ranger

The large information content inherent in a photographic
mission, combined with the low available data rate from the size,
weight, and power-limited lunar capsule, would tend to indicate the
need for some data storage. The overriding desire to avoid such data
storage led, in Pebruary, 1961, to the decision to limit further studies
to a slow-scan facsimile type photographic mission. The facsimile
scheme appeared to be particularly well-suited to meet the capsule
limitations and the slow-scan was permissible due to the unique condi-
tions of the lunar surface. Within the f£aw-hour time span considered

-3~
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appropriate to the mission, the lunar scene exhibits essentially
constant lighting and a very small probability of terrain feature
change. The mission time limitation was defined primarily by DSIP
considerations and secondarily by capsule thermal control considera-
tions.

The major question areas at the initiation of the study in-
cluded battery/power/weight trade-offs, the availability of an
adequate RF transmitter, the feasibility of impact limiter and outer
flotation shell cutting, capsule stability on the lunar surface, diffi-
culties of thermal control with a fairly large payload section exposed
to the harsh lunar enviromment, and optical and mechanical configura-
tion feasibility.

The initial configuration of the photoreconnaissance capsule
evolved along the following lines. It was decided that a relatively
slight geometrical variation of the Seismometer Capsule battery would
provide adequate power for the photoreconnaissance mission. Initial
battery weight estimates were set at 15 pounds, and an energy/weight
ratio of 50 watt hours per pound was assumed. The structural proof
test of the Seismometer battery, as accomplished on the Ranger program,
was considered adequate to demonstrate its feasibility for the photo-
reconnaissance mission. The effective radiated power output for the
r-f communication link was of the order of 3 watts compared to the
50 milliwatts of the Seismometer Capsule transmitter. The battery
requirements were based on the use of a three to five watt output
power transmitter working into an "omnidirectional"™ antenna. Initial
development in the transmitter area was concerned with obtaining higher
power from all solid-state devices, and with the possible ruggedization
of ceramic tube power amplifiers. A considerable development program
conducted at Aeronutronic resulted in the fabrication of a three watt
all-solid-state transmitter, which required less than the allowed
100 watts input power. Critical components of the transmitter were
tested under the impact enviromment, and survived.

An early demonstration of the feasibility of cutting a hole
in the residual impact limiter and shell was made. Analysis has
continued, particularly in the area of defining the relationship
between hole cutter dynamics and capsule static stability on the lunar
surface. It appears that an arrangement of hemispherical bumps cemented
on the impact limiter, or their equivalent, and careful control of _ .
the pyrotechnics of the hole cutter, will result in a high confidence
in capsule stability during this operation. : :
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Definition of the High Resolution Facsimile mechanical and
optical configuration of this system occupied most of the (HRF)
Feasibility Program (Task II, Contract N-21453). It was decided that
data handling from the optical system should be similar to that of the
Seismometer Capsule. Bandwidths up to 250 cycles per second were con-
sidered in relation to the optical and mechanical scanning rates. It
was initially deemed desirable that no moving parts be used in the
extended assembly. As a result of uncertainty in the terrain at the
landing site, a field of view of 360 degrees in azimuth was considered
to be desirable.

Initially, several configurations were considered which
depended upon placing an erectible antenna on top of an extendable
periscope-like tube, and used various mirror segments to form virtual
images of the lunar scene in a position where they could be scanned
by optical systems located within the survival sphere. On March 23,
1961, a spherical convex mirror segment configuration was formalized.
It proposed the use of a double pinhole - scanning telescope located
within the survival sphere, and set a resolution objective of 2.4 x 107
image points with a grey scale of 10 and 55 degree vertical view field.
The donut geometry of the extended mirror lent itself well to the
inclusion of an inflatable antenna on top of the periscope, and had
the advantage that no moving parts were used outside of the survival
sphecre. However, the configuration was based upon erroneous photo-
metric assumptions, in that the energy on the photocell was assumed to
be equal to the brightness of the scene; also the pinhole scan pro-
posed was inconsistent with the diffraction criteria. The virtual
image formed by the convex mirror was to be scanned in a spiral geometry
(similar to a phonograph record groove pattern) by a small telescope-
photocell assembly. This early system provided an object space angular
fesclution of 6 x 20-%4 radians. :

On March 27, 1961 a detailed study of the optical aspects
of the above convex mirror system was completed. This study showed
a requirement for including lenses in the. telescope-sensor scan
assembly at the base of the tube due to a resolution requirment of
1.3 x 1073 radians. This resolution capability was implicit in the
desire to limit the spherical mirror radius to approximately one inch.
The depth of focus of the telescope-mirror system was shown to be
satisfactory, primarily as a result of the extremely small aperture
ratio then considered adequate. The principal aberrations of the
optical system were also calculated and found acceptable, again due
to the small aperture ratio; however, the Rayleigh criteria of
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resolution was not met at 1.3 x 10'5 radians for the three millimeter
telescope objective which at that time was included in the design,
These design considerations took Place still under the incorrect agsump-
tion of high 1llumination levels.

On March 30, 1961, a revision of the calculations on the
communication system limitations (transmitter power of approximately
five watts) required a reduction in the number of image points from
a value of 2.4 x 107 to 1.4 x 107. At this time, an eight-hour total
mission limitation was set as a compromise between constant lighting
versus low data rate, and to permit all data to be received at a single
DSIF station. The system specifications then included a 500 _bit per
second data rate and an object field resolution of 0.7 x 10-3 radians,
and the original 50 degree by 360 degree view field; however, the
photometry calculations were at this time still based upon erroneous
illumination assumptions. On April 5, 1961, a proposal for Lunar
Capsule extensions (Aeronutronic Publication No. P-10631(U)) was
submitted to JPL which embodied most of the geometrical and configura-
tion limitations developed to that date. This system consisted of

a small telescope located near the bottom of the survival sphere.
The telescope was to be driven in a spiral scan as mentioned above;

however, the photo-sensitive surface was changed to two inch diameter
circular annulus which remained stationary during the scanning process,
Complete coverage of the entire virtual image formed by the convex
mirror occupied an eight-hour period. A flexible light shield was

to be used to protect the stationary photo sensitive surface from
stray exposure. The technical memos written during the program to
this date were included as appendices to this proposal. Two funda-
mental errors were still in the design at this time:

(1) The resolution capability of this small telescope
failed to meet the Rayleigh criteria for diffraction
by a factor of eight.

(2) The assumptions and calculations of photometric levels
were incorrect.

On May 8, 1961, a review of the design analysis on the
Facsimile Capsule was completed. It was at this point that the dif-
fraction limitations on the system were definitized and the need for
a larger aperture telescope became apparent. The desire to avoid moving
parts outside the capsule had to be sacrificed in the interests of
keeping the porting hole to a reasonable diameter. Rather than reduce
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the number of image points or final print quality, various mechaniza-
tions involving moving mirrors external to the shell were investigated.
Although recalculation of the photometric relationships in relation-
ship to S-1 and S-4 cesium photocells was made, the available sensor
illumination level was still assumed at an incorrect level. Photo-
metric calculations were even more optimistic at this time because

of the move toward larger apertures.

As a result of the change in concept to that of using external
moving mirrors, three new mechanizations were considered. In these
the Rayleigh criteria was discarded in favor of a more restrictive
limitation. The new mechanizations were:

(1) A radial strip of spherical mirror with a radius of
6.5 inches rotated in azimuth only with the telescope
contained within the survival sphere as before. Dif-
fraction limitations had thus forced a change to a
spherical mirror radius of 6.5 inches from 1 inch.
The telescope in this configuration would require
either slip-ring feedout of the spiral type scan
(with a telescope-mounted sensor) or stepped motion
with a large diameter photocell. The configuration
required a three-inch port cut in the shell and
impact limiter.

(2) A strip of spherical mirror such that it required only
smooth circular motion of the telescope to effect the
scan. This configuration embodied the first mention
of two alternately blanked telescopes and a time-shared
data handling system which thus eliminated fly-back
time losses. However, the system did have overlap
losses, as opposed to fly-back, and these amounted
to 13 percent with the best scheme of this type.

(3) Nodding telescope directly scanning the lunar land-
scape without the interposition of a spherical convex
mirror. This scheme was considered more desirable
if a plane mirror was nodded instead of the telescope
proper

-38-
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Also considered was a scheme which eliminated both the
convex mirror and the telescope, by use of a nodding concave active
optical element, thus eliminating the need for lenses. All of the
above systems_envisioned an angular resolution of 7 x 10-% radians
with 1.4 x 10’ image points. It may be seen that the system described
in (3) is approaching the final HRF configuration. :

Between May and the end of July, 1961, informal studies
directed toward optimizing the facsimile configuration continued.
Several systems involving the use of multi-sided flat mirrors in
the top tube assembly were pProposed in an effort to reduce fly-back
problems, and to allow scanning the lunar scene with pure rotary
motion. It rshould be noted that up to this time no detailed system
mechanical configurations had been developed; such as choice of
motor drives, gear ratios, and cam mechanizations.

Toward the end of July, 1961, under the HRF contract, a
more detailed photometric analysis led to the discovery of the error
in previous photometric calculations. It was demonstrated that an
increase in signal-to-noise ratio at the detector output, by a factor
of 100, would be required for satisfactory system operation. Three
alternative methods of obtaining this increase were considered:

(1) With the_retention of the angular resolution of
-7 x 1077 radians, an increase in objective lens
diameter of the telescope would be made by a
factor of ten. This system would require a vari-
able focus scheme correlated to the instantaneous
vertical view angle, plus the assumption that the
viewed terrain was relatively flat. Neither con-
sideration was attractive.

(2) Again, within the framework of the design objective
angular resolution, a reduction in the total pic-
ture view field could be made. With a fixed mission
time, the data bandwidth could be reduced and re-
duce correspondingly the noise proportional to the
Square root of the reduction in total image points.
This solution was clearly inadmissible as an only
means of increasing signal-to-noise ratio.

(3) By decreasing angular resolution and taking advantage
of the relaxed optical tolerances thus afforded, it
is possible to obtain an overall increase in

-39-
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signal-to-noise ratio of 100 with only nominal loss
of picture quality. This approach was adopted in the
system evolution because of the powerful (and favorable)
effect on signal-to-noise ratio of the resolution de-
crease. Quantitatively, a decrease in resolution
results in squared increase in light output per image
point (proportional to geometrical area); an allowable
proportional increase in objective diameter while re-
maining in focus (this results in an increase of
sensor light levels proportional to the square of the
resolution decrease); and a reduction in data band-
width requirement due to reduced number of image
points in a fixed eight-hour scan time. To obtain

a factor of 100 increase in signal-to-noise, the
angular resolution was decreased to 1.7 x 10-3
radians, i.e., a factor of 2.5, which, when raised

to the fifth power results in the needed factor of
100. The use of many-sided mirrors and pure rota-
tion, as well as the limitation to motion only within
the survival sphere, were precluded by the increase
in size of the telescope objective.

Since photometry (specifically, sufficient light delivered
to the sensor) appeared as the major system problem, the month of
August, 1961, was primarily devoted to studies of various available
sensors and sensor/preamplifier combinations. The basic signal
electronic problem was to design a low-noise transistor preamplifier
capable of working witlr the high impedance sensors. Instrumentation
was developed to facilitate comparison of various sensor systems,
both in the laboratory and in direct viewing of the moon. The final
choice of the silicon duodiode type of sensor was made at this time
principally because of its higher sensitivity despite the fact that
thermal control of the sensor is required. The Gallium Arsenide and
the deep base silicon type sensors, although more tolerant of high
temperatures, were less sensitive and hence less attractive.

Completion of the sensor studies signaled the solution of
the last major functional problem in the HRF configuration. Detailed
system design studies then proceeded and evolved a system with angular
resolution design objective of 1.745 x 103 radians, an objective dia-
meter of 5 millimeters, and a focal length of 8.2 centimeters. Mechanic-
ally, a return was made to thenodding mirror and telescope configuration
primarily for reasons of optical simplicity and because such a
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configuration could be implemented to eliminate fly-back time losses.
Two telescope-mirror systems were combined back-to-back within the top
tube. These systems alternately scanned diametrically opposed portions
of the scene in two vertical sweeps each of eight seconds during the

entire tube assembly was rotated 180 degrees in azimuth during the
eight-hour mission time.

In order to confinethe extended assembly to a one-inch
tube, it was necessary that tne vertical and azimuth scans be driven
by separate motors. By September 8, 1961, specificchoices had been
made for motor and gear box combinations for the two drives, and for
the majority of other purchased systems parts. Detailed design con-
tinued throughout September and October, and fabrication of the HRF
prototype demonstration model occupied October and November, 1961,

Although some small changes in the system were introduced
subsequently, October 26, 1961 was, in effect, the design freeze date
for the demonstration system. This system first functioned as an
entity on December 23, 1961, and the scheduled system demonstration
was successfully conducted on December 28, 1961, completing the HRP
Feasibility program.

Continued system tradeoff studies conducted since April 1962
under Task I of JPL Contract LC-950267 have not resulted in any signi-
ficant changes in the basic design. While a reduced transmitter mini-
mum output power of two watts was adopted at JPL suggestion to assure
a high transmitter reliability, a more detailed analysis of the com-
munications link still indicated a satisfactory margin in signal-to-
noise ratio and phase-lock probability.

An analytical investigation was conducted on the possibility
of payload tip-over due to a misaligned reaction from the explosive
hole-cutter device. Complete removal of the balsa limiter prior to
cutting through the flotation shell was considered as a means of re-
ducing the reaction force. However, the force reduction was not
large and this method adds several series events to the capsule
sequence with a resultant potential loss in reliability. With small
protuberances added to the exterior of the impact limiter to stabilize
the landed sphere on the lunar surface, the tip-over probability on a

reasonable range of expected slopes is reduced to a desirable low
level.
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ACCELEROMETER SYSTEM (SURMEC)

MISSION OBJECTIVES AND DESIGN CRITERIA

1.0 INTRODUCTION

The primary purpose of the Surface Measurement Capsule
(SURMEC) 1is to obtain representative data on the lunar surface strength

- characteristics at the earliest possible date. The systems and tech-

niques developed in the first five Ranger flights will be fully utilized
in meeting this objective. ‘

It will be a design objective to require no changes in the
Ranger RA-3, 4, 5 system for delivering a lunar landing sphere. The
landing sphere itself shall utilize Ranger components and techniques

"wherever applicable.

]

Any margins in weight and volume will first be employed to
ensure the achievement of the primary objective of surface strength
measurement. Only then will additional scientific experiments, selected
to contribute to the design of manned lunar vehicles, be incorporated
on a strict noninterference basis.

2.0 MISSION OBJECTIVES

The SURMEC lunar rough landing capsules are planned for a
series of repeated attempts to obtain data on the lunar surface pene-
tration resistance and compressive strength at dispersed points over
a significant sampling area. This data shall be obtained (1) with de-
finition sufficient to aid in the design of manned lunar landing
vehicles, and (2) at a date early enough to be effective in said design.
Other experiments which expand this primary objective or measure
additional lunar properties shall be included in this capsule on a non-
interference basis. 42
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3.0 DESIGN CRITERIA

Design criteria applicable to the launch vehicle, spacecraft
bus, and Surface Measurement Capsule are described in the following
subparagraphs.

3.1 Launch Vehicle and Spacecraft Bus Criteria

Other than mandatory engineering change orders resulting
from RA-3, 4, 5 experience, no changes shall be required for the
SURMEC mission on either the Atlas and Agena B boosters or the Ranger
RA-3, 4, 5 spacecraft bus. .

3.2 Capsule Assembly Criteria

The SURMEC consists of a Landing Sphere Assembly, which fmpacts
on the lunar surface, and a Retro System Assembly, which includes those
subsystems necessary to slow the Landing Sphere Assembly to an acceptable
impact velocity.

3.2.1 Retro System Assembly

Other than mandatory engineering change orders resulting from
RA-3, 4, 5 experience, no changes shall be required in the altimeter,
spin motor, retrorocket motor and other subassemblies of the complete
RA-3, 4, 5 retrosystem assembly.

3.2.2 Landing Sphere Assembly

Components and techniques developed for the RA-3, 4, S land-
ing sphere assembly will be employed with minimum modification in the
SURMEC landing sphere assembly wherever applicable.

3.2.2.1 Competing Characteristics. Competing characteristics shall be
treated in the following order:

(a) Reliability of landing sphere operation on the lunar
surface.

(b) Correlation of data with actual surface characteristics.
(¢) Schedule.
(d) Biological stetlltty.

(e) Ease of fabrication and producibility of systea.

47
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(f) Pre-flight checkout simplicity and shelf lifetime.
(8) Performance of secondary experiments.
3.2.2.2 Defined Characteristics. Defined characteristics are as follows:

(a) Weight. The weight of the landing sphere assembly
is fixed at 89.3 pounds by the selected trajectory
and available launch vehicle performance and especially
by the available impulse of the RA-3, 4, 5 retromotor.
This design weight must be maintained to achieve maximun
impact survival probability.

i (b) Impact Environment. The RA-3, 4, 5 lunar impact environ-
li . ment specification (Master List of Environmental Re-
t quirements, Section II, Aeronutronic Publication No. U-902-1,
i dated 15 April 1961) shall be used for design purposes.

o
; {l (c) Effect on Spacecraft Bus and Retroassembly. The inter-

' faces between the landing sphere assembly, the retro-
assembly, and the spacecraft bus shall remain as designed

‘ ‘(: for RA-3, 4, .

{ 3.2.2.3 Reliability Philosophy Affecting Design. Design techniques
employed insofar as possible to achieve a high reliability
shall include the following:

(a) Minimization of required functions.

’ ~ (b) stmplificétion of functions.

(c) Use of proved components.

(d) Use of passive rather than active components. 4

(e) Arrangement of functions in parallel rather than in series.

(f) Minimization of dependence on lunar terrain.

(g8) Redundancy.

After all elements of the system are adequately rﬁggedlzed

redundancy shall be employed to the extent permitted vithtn
the weight limitation. ‘
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3.2.2.4 Experimental Philosophy Affecting DeQign.

f (a) Pre-launch Environmental Control. The landing sphere

= assembly and its components shall not be subjected
to environments beyond flight-acceptance levels, and .

I the burden of protection from overexposure shall be

1 on operators and facilities rather than on the landing
sphere assembly itself. Clean, air-conditioned working
areas, special handling fixtures, air transport, electri-

I cal overload protection, and other such measures ex-
ternal to the landing sphere assembly shall be used to

. the extent practical, and the landing sphere assembly

I design shall be based primarily on environments expected

- from the time of final mating onward through launching
and flight. Wherever possible, biological sterility

. shall be achieved by external ‘measures without the re-

z quirement for access into sealed components, so that the
adverse effect of the sterility requirement on equipment

b design, reliability, and schedule is minimized.

(b) Operating Conditfon at Launch. The design criterion
should be to attain a high mission reliability without
dependence on checkout instrumentation, control, and
correction of deficiencies in the landing sphere agsembly
after completion of assembly. Subsystems must be designed
to maintain operating ability and to hold calibration from
the time of assembly to flight. Provisions for checkout
testing after completion of assembly of the landing sphere
shall only be provided to tle extent that they can be
demonstrated to increase the net probability of success
for the mission when the added complexity to provide
checkout testing is considered.

(c) 1In-flight Failure Detection. Failure detection methods
shall be employed only to the extent that they do not
detract from the reliability of achieving the primary
mission objective.

(d) Function After In-flight Pailure. Interdependence between
: subsystems shall be minimized, but will necessarily exist
- to a large extent. The general design criterfon is that
no subsystem is required to function after failures of
subsystems on which it depends, except insofar as can be
achieved without complicating the design or diverting
effort from the main objectives of the flight.

|
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3.2.2.5 Test Philosophy Affecting Design

The objective 1s to obtain relifability by design rather
than by extensive development. In general, designs
shall not be compromised to accommodate testing. However,
when subsystem acceptance tests are the only way of deter-
mining readiness for assembly and flight, the desiga must,
of course, incorporate the necessary test provisions.
Moreover, a test of the complete spacecraft assembly 1is
considered essential to verify the compatibility between
the capsule and the spacecraft bus.

In system tests, the purpose is primarily to simulate flight

and lunar operation. The burden of simulation shall, as far

as possible, fall on equipment external to the landing sphere
assembly.

46~
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SYSTEM DESIGN CHARACTERISTICS

1.0 OPERATIONAL DESCRIPTION

The primary functional operations of the Lunar Surface
Measurement Capsule (SURMEC) include terminal flight control, retro-
Propulsion, semi-rough landing, survival, event sequencing, power
supply, obtaining surface strength data in the vicinity of the
landing site, electronic processing and transmission of the data to
earth, thermal control, and mechanical support.

Upon receipt of a signal from the spacecraft bus at the
terminal end of the flight the altimeter is deployed and the thermal
radiation shield retracted. When the altimeter detects that the
spacecraft {s at fuzing altitude, the retromotor and landing sphere
assembly is freed from the bus. The solid propellant spin rocket
motor imparts rotation about the longitudinal axis for attitude
stabilization, followed by a retro-impulse from the solid propellant
retrorocket motor to reduce the descent velocity to zero at a speci-
fied altitude above the lunar surface. The high acceleration of the R
retromotor switches on the payload electronics. After retrorocket
burnout, the spent motorcase is separated from the landing sphere.

To survive the semi-rough landing from the free fall, the instrument
package (called the payload) is protected by an envelope of crushable
shock-absorbing material capable of limiting the landing deceleration
and absorbing the impact energy.

Following impact and removal of the outer impact limiter
material, the spherical inner payload establishes its alignment with
the local vertical. A shell cutter produces a hole in the flotation-
fluid shell through which the antenna is erected. The stored ac-
celeration data from the lunar impact are then transmitted to earth.

Sl
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Sensor spheres are deployed at spaced intervals and the resulting impact
acceleration data are transmitted to earth in both real and delayed time.
As secondary experiments, penetrometer data and acoustic reflection data
are also transmitted.

2.0 CONFIGURATION DESCRIPTION (FIGURES 2-1 THROUGH 2-3)

An Atlas first-stage booster, Agena-B second stage, and Ranger
RA-3, 4, 5 spacecraft bus are utilized to deliver the SURMEC. The basic
configuration of the SURMEC consists of the payload cushioned in a

 spherical impact limiter and mounted to the forward end of the solid

propellant retrorocket motor, which in turn is mounted to the bus through
the motor support structure. A cylindrical radiation shield of flexible
laminated material surrounds this assembly. The spin rocket motor is
attached to a plug rigidly supported in the retronozzle throat, and the
altimeter assembly is mounted on the top of the bus hexagonal frame.

The capsule assembly is capped by the bus-controlled omni-directional:
antenna.

Two separation clamps with appropriate explosive bolt cutters
are to be used to temporarily bond equipment together. The upper one
holds the landing sphere assembly to the retromotor, and in a small
cavity located between these two is the power and sequencing assembly
(P&SA) containing the pre-impact timing mechanism. The lower clamp binds
the retromotor to the motor support structure. The motor support structure
1s attached to the top of the bus hexagonal frame and provides accurate
bus/capsule alignment. Located around the periphery of the landing sphere/
retromotor interface are damping devices which limit the motions produced
by vibrational excitations. The lower end of the radiation shield is
tied to the base of the retrosupport structure. The shield 1s held under
tension by retractors attached to its opposite end along with ties at-
tached to the omni antenna separation clamp. The altimeter and its
support and deployment mechanism are located outside of, and at the base
of, the shield envelope. The altimeter support structure is clamped
firmly to the bus.

The impact limiter surrounding the payload is designed for
explosive removal from the flotation sphere. Within the flotation-fluid
shell is the payload sphere suspended at neutral buoyancy in flotation
fluid. The certer of gravity of the sphere is located below the center
of buoyancy so that after impact the payload erects and self-aligns with
the local vertical. A caging mechanism is located on the bottom of the
outside surface of the payload sphere for caging the payload from the
time of final assembly until just prior to impact. An explosive shell-

-48-
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cutter is located on the erected payload sphere and is positioned to

fire upward for removal of the upper portion of the flotation shell.

The inflatable antenna and the accelerometer sensor spheres are po-
sitioned for deployment through this opening. .The payload structure

also contains the required sensor deployment mechanisms, signal elec-
tronics, data storage unit, 960 mc telemetry transmitter, power supply,
post-impact timer, inertia switches, water tanks for evaporative cooling,
thermal control valve, penetrometer, geophone, and a fixed backup antenna.

3.0 SEQUENCES

3.1 General Description

3.1.1 Operational #odes

3.1.1.1 Launch

When launch acceleration exceeds S5g for 1.5 seconds a switch
arms the P&SA in the retrosystem assembly. This arming
procedure is inserted as a safety feature to isolate the
P&SA power supply from the roclet motor squib circuitry

until after launch.

3.1.1.2 Descent

Completion of the spacecraft terminal maneuver aligns
the capsule assembly roll axis with the predicted re-
lative velocity vector. At approximately 40 minutes
prior to impact a command signal, vhich is timed and
powered from the bus, fires a b: - cutter which releases
the altimeter and its parabolic sutenna from the stoved
position so that the boresight of the antenna is aligned
parallel to the capsule roll axis. Following this the
bus releases a clamp and the omni-directional antenna is
deployed away from the capsule by means of a boom. This
also releases the radiation shield retraction mechanism
8o that the flexible shield collapses to the base of the
retromotor support structure.

At approximately 60 seconds before unbraked impact the

bus again provides power to actuate a switch which turns
on the altimeter. This turn-on allows for a 15-second
warmup time and a 25-second uncertainty time in bus impact
prior to 180,000 feet altitude (20.6 seconds before bus
impact). At fuzing altitude (approximately 70,000 feet)
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the altimeter closes a relay which in turn connects
bus power to four redundant lower separation clamp
bolt cutters on the retromotor support structure.
Simultaneously, bus power fires two parallel squib
switches which activate the P&SA.

The P&SA contains three electrical timers which are
started simultaneously. The first of these is a spin
motor timer which provides a nominal delay of 21$%
milliseconds. The delay of spin motor ignition is 20
milliseconds. Lower bound tolerances assure that the
spin motor ignition always occurs after clamp opening.
Spin motor burning time does not exceed 1.3 seconds.

The second P&SA timer accomplishes firing of the retro-
motor. The nominal delay (from altimeter fuzing) of
this circuit is 2 seconds and varies up to + 0.3 seconds
depending upon the measured mean temperature of the pro-
pellant. The retromotor burns for about 9.6 seconds.
Nominal burnout altitude is 1,000 feet at which time the
~descent velocity is nominally zero. The dispersions in
burnout altitude are such that burnout occurs prior to
impact for approximately 99 percent of the cases.

The third P&SA timer is used to fire two upper clamp
bolt cutters which separate the empty retromotor case
from the landing sphere. It has a nominal delay of 12.5
seconds after P&SA initiation.

3.1.1.3 Post Impact

In order to initiate the remaining sequence of functions,
two separate timer and inertia switch assemblies are re-
quired. One 1is located in the payload and the other within
the impact limiter. A squib switch in the impact limiter

is closed during retrobraking when the 25g inertia switch
is closed for more than 1 second. This activates the timer
which after 3 minutes provides a signal to remove the
impact limiter.

A squib switch in the payload is closed during retrobraking
when a 25g inertia switch is closed for more than 1 second.
This switch initiates (with essentially no delay) pre-impact
uncaging, turns on the payload electronics, and also acti-
vates a sequence timer which:
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(a) After 13 minutes fires the penetrometer,
which also serves to vent the flotation
fluid and coolant system, and fires the
shell cutter device which removes the upper
portion of the flotation fluid shell, per-
mitting the inflatable antenna to erect.

(b) After 28 minutes initiates data transmission
from the data storage unit (failure of the
high-gain antenna to erect leaves the trans-
mitter coupled to the fixed backup antenna
and data readout set at a low level).

(c) After 29 minutes fires the release device to
launch the first accelerometer sensor sphere,
whose impact data is transmitted in real time
as vell as stored.

(d) After 30 minutes and again after 31 minutes
transmits the data in the data storage unit,

(e) After 32 minutes and at succeeding 3 minute
intervals repeats the cycle of (d) and (e)
above with each of the remaining accelerometer
sensor spheres.

(f) After launch of the last sphere, continues to
transmit the data contained in the data storage
unit at one-minute intervals until expiration
of the power supply.

3.1.2 Tabular Resume

The sequential events which occur during the terminal and
post-impact phases are summarfzed in Table 3.1.2.-1 and i{llustrated
in Figure 3.1.2-1,

3.1.3 Peripheral Support

In order to satisfactorily complete all events it is necessary
for the bus to:

59
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TABLE 3.1.2-1

TERMINAL AND POST-IMPACT SEQUENCE OF EVENTS

Nominal Time Event ' Initiated by
Tl* - 40 min Deploy altimeter | bus .

Deploy omni antenna
Retract radiation shield

Tl - 60 sec Turn on altimeter A - bus
'rl - 45 sec Altimeter warmed up -
Tl - 8.1 gsec = ‘tz Fuzing altitude Altimeter

Fire P&SA squib switches
Fire lower clamp bolt cutters

'1‘2 + 6 msec Start P&SA timers : Squib switches
'1'2 + 175 msec Lower élamp separation completed
'1'2 + 221 msec Signal spin motor ignition P&SA timer
Tz + 2 sec Start retromotor ignition P&SA timer
'1'2 + 5.2 gec = ‘1'3 . Start éost-imﬁact timer - Payload 25g switch
Pre-impact uncaging
Turn on Payload electronics
Start impact limiter timer Limiter 25g switch
'1‘2' + 11.6 sec Retrom?tor burnout | -
'rz + 12.5 sec Upper clamp separation - P&SA
’1‘2 + 32 sec Landing sphere impact -
1:3 + 3 min Remove impact limiter Limiter timer
T3 + 3 to 13 min Erect to vertical : Post-impact timer
-56-
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Nominal Time

T3 + 13 min

T3 + 13 to 28 min

T3 + 28 min

T3 + 29 min

T3 + 30 min

T3 + 31 min

‘r3 + 32 min

TABLE 3.1.2-1 (Continued)
Event
Activate shell cutter
Deploy penetrometer, store data
Erect High-gain antenna
DSIF acquisition
Transmit stored data (uses
fixed antenna and low data
rate if high-gain antenns
has not erected) ‘
Launch first sensor sphere
Transmit data, real time
Store data
Ret: -~smit stored data
Retransmit stored data

Repeat cycle of launch-transmit-

store-retransmit at 3 min intervals

Repeat last déta transmission to
end of battery life

*T1 is the time of bus unbraked impact.

-57

REQROMR Mo, g2- /557

Inftiated by
Post-impact timer

Post-impact timer

Post-impact timer

Post-impact timer
Post-impact timer

Post-impact timer

Post-impact timer




10

10

LUNAR ALTITUDE, km

-t
L]
(=]

- 10

P
o
.

-1

REDRDER Mo, ¢.2- /5

CAPSULE IMPACT
23.9 SEC
VEL = 108 FT/SEC

llllllll

-
— 524,000 FT(-60.6 SEC)
ALTITUDE AT WHICH
ALTIMETER IS REQUIRED .
— TO OPERATE: 180,000
- NOMINAL FT(-20.6 SEC)-MINIMUM
L' SIGNAL SEPARATE
N CAPSULE AND BUS
70,200 FT(-8.1 SEC)
B 36,800 FT(-4.1 SEC)
SPIN UP '
- 61,470 FT(-7.1 SEC)
- RETROMOTOR IGNITION
- 52,700 FT(-6.1 SEC)
=~ 22,400 FT(-2.1 SEC)
C 3,700 FT(+1.9 SEC) RETROMOTOR
- BURNOUT
B 1,090 FT
B (3.9 SEC)
RETRO-MOTOR RELEASE
[~ AND SPHERE UNCAGE
1,090 FT(4.4 SEC) 300 FT
560 FT (21.2 SEC]
(17.9 SEC)

BUS IMPACT
| | | 1 \

80 =60 =40 =20 0 20

TIME IN SECONDS (UNBRAKED IMPACT AT t= 0)

FIGURE 3.1.2-1. TERMINAL SEQUENCE OF EVENTS
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(a) Align the capsule assembly roll axis with
the predicted relative velocity vector

(b) Provide command signals which are both timed
and powered from the bus to:

(1)
(2)

3

Release the altimeter deployment mechanism

Release the omni-directional antenna and
radiation shield

Actuate a thermal switch to turn on the
altimeter

(¢) Provide power to:

(1)
(2)

Capsule

Activate the four bolt cutters on the lower
separation clamp, and

Activate two squid switches which start th
P&SA timers.

Other than those operations mentioned above which require

bus energy, all timers, inertia and squib switches, power
supplies, pyrotechnic and propulsion systems required to
adequately perform the sequencing operations will be supplied
by either the SURMEC retrosystem assembly or landing sphere

aggsembly.

3.2 Engineering Data

3.2.1 Commands

After release from ﬁhe spacecraft bus, that portion of the cap-

sule assembly which undergoes the retromaneuver is autonomous, requiring
no additional command inputs to perform its assigned functions. Sub-
sequent major events are conducted sequentially by series and parallel
timing mechanisms in the P&SA and within the landing sphere assembly.

3.2.2 Measurements (excluding the scientific experiment)

3.2.2.1 Retrosystem Assembly

When the altimeter is fully deployed an electrical
microswitch on the altimeter support structure is

~59-
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closed, which provides a signal to the bus telemetry
system confirming this event. Also, during altimeter
operation a means of generating a dc signal that {is
indicative of the reflected power received by the
altimeter is provided to the bus for the purpose of
telemetering this information to earth. The bus also
monitors the altimeter fuzing signal and spin motor
separation from the spacecraft.

3.2.2.2 Landing Sphere Assembly

The payload transmitter coupled to the fixed antenna is
activated just prior to {mpact. Immediate signal
acquisition by DSIF would permit a gross detection of
failure during impact. After impact, the transmitted
signal characteristics will also be altered significantly
during removal of the impact limiter. Failure of the
high-gain antenna to erect for any reason will be de-
tectible by a continued low-level signal and the reduced
rate of data transmission. Other direct post-impact
failure detection is limited to monitoring the internal
thermal environment. The voltage controlled oscillator
that controls the data subcarrier and the crystal con-
trolled oscillator that controls the carrier are both
temperature sensitive and are calibrated prior to launch,
Detection of failure modes other than these must be in-
directly deduced from a relative diagnosis of signal
magnitude and content.

4.0 PERFORMANCE CHARACTERISTICS

4.1 Flight Control
4.1.1 General

After bus initiation of the terminal sequence the retrosystem
assembly, with the aid of those inputs from the bus described in 3.1.3.1,
delivers the landing sphere assembly to a nominal altitude of 1,000 feet
above the lunar surface at zero descent velocity. There shall be no
electrical connections between the landing sphere assembly and the retro-
system assembly. .
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4.1,2 Altimeter

A radio altimeter is required which radiates energy to and
receives its own reflected radiation from the lunar surface for the
purpose of determining when the bus has reached the correct altitude
for separation of the lunar capsule. The altimeter shall be the only
means for initiating this separation from the bus. A means of generating
a dc signal which is indicative of the received reflected energy will be
provided for the purpose of telemetering this information to earth., The
altimeter shall be capable of being deployed from a stowed position to
point at the lunar surface along the spacecraft roll axis. Although the
altimeter is deployed and activated by command from the bus, it shall
contain its own power supply.

4.1.3 Spin Rocket Motor

A solid propellant spin motor assembly is required to develop
and deliver axial rotation to stabilize the retromotor/landing sphere
assembly. 1Its exhaust nozzles will be canted to deliver a forward impulse
to the assembly as well as torque. Spin wotor ignition is initiated by
a command from the P&SA.

4.1.4 Retrorocket Motor

A solid propellant retromotor assembly shall be capable of
braking the total landing sphere weight from the nominal bus impact
velocity. This velocity is completely removed at a nominal altitude of
1,000 feet above the lunar surface. Retromotor ignition is initiated by
a command from the P&SA.

4.1.5 Power and Sequencing Assembly (P&SA)

The P&SA 1s required to initiate and control the timing of
sequential events prior to impact. Its operation is initiated by the
altimeter fuzing signal. It shall contain its own source of power,

4.1.6 Separation System

Two clamps are used to temporarily mate the landing sphere to
the retromotor and the retromotor to its support structure. Lower clamp
separation is initiated by the altimeter fuzing signal, and upper clamp
separation is i{nitiated by the P&SA.

C o & e e o e i ——— "
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4.1.7 Support Structure

A support structure capable of supporting the weight of
the entire capsule assembly under all prelaunch, boost and transit
environmental conditions wust be provided. The structure shall also
contain all necessary wiring, a mechanism for attachment to and release
of the retromotor, and must be compatible with the bus structure.

4.2 Post-Impact Operations

4.2.1 Erection Method

The payload is floated at neutral buoyancy within the
impact limiter. Its center of gravity shall be offset from the center
of buoyancy so that the payload axis will be aligned with the local
vertical after impact.

4,2.2 Shell Cutter Mechanism

Subsequent to erection,a shell cutting mechanism shall remove
the upper portion of the flotation shell. This hole shall be of suffi-
cient diameter to allow the high-gain antenna and accelerometer sensor
spheres to be deployed through {it.

4.2.3 Antenna Deployment Mechanism

Subsequent to shell cutting, the high-gain antenna must be
permanently deployed by the deployment mechanism.

4.2.4 Sensor Sghere.Degloxgent Mechanisms

Launcher mechanisms shall be capable of deploying the accelero-
meter sensor spheres & nominal distance of 150 feet from the payload
assembly by way of a high-loft trajectory.

4.2.5 Penetrometer Deployment Mechagigg

The penetrometer deployment mechanism shall be capable of
driving the penetrometer vertically downward through the flotation shell
and into contact with the lunar surface at high velocity. Reaction
forces on the payload assembly shall be held to a minimum. The deploy-
ment mechanism shall also serve to cage the payload within the flo-

" tation shell,

-62-
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4.3 Communication
4.3.1 Antennas

4.3.1.1 High-Gain Antenna

The inflatable high-gain antenna shall be capable of
pneumatic inflation and shall approximate omni-
directional coverage over a hemisphere for data
transmission.

4.3.1.2 Fixed Antenna

The fixed back-up antenna shall approximate omni-
directional coverage over a hemisphere for data
transmission.

4.3.2 Transmitter

The L-band transmitter located within the payload operates
at approximately 960 mc and shall have a power output of not less than
2 w and an information bandwidth of not less than 85 cps.

4.3.3 Dpata Storage Unit

The data'storage unit shall be capable of sustained retention
and repeated readout of a minimum of 1200 bits of data.

4.4 Scientific Experiments

4.4.1 Impact Acceleration Data - —

The accelerometer sensor spheres shall be capable of obtaining
accurate acceleration versus time data during their impact on the lunar
surface following launch from the payload assembly. The sensors shall
have omni-directional sensing capability. Data of definitive quality shall
be obtained for surfaces ranging from very soft unconsolidated material,
so that a bearing pressure of 10 psi will allow penetrations up to 1 foot,
to consolidated materials having compressive strengths of up to 500 psi.
Surface strengths beyond 500 psi shall be indicated but not necessarily
measured. :

4.4.2 Penetrometer Data

The penetrometer shall be capable of obtaining accurate ac-
celeration versus time data during its penetration of the lunar surface.
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The sensing capability need only be unidirectional.

4.4.3 Acoustic Reflection Data

The geophone shall be capable of obtaining ampiitude versus
time data from the sound transmitted through the lunar surface material
from the impacting accelerometer spheres or from detonation of a small
charge. The mechanization of this secondary experiment is to be re-
commended by JPL.

4.5 Environmental Control

4.5.1 Impact Limiter

The impact limiter shall be capable of protecting the payload
from damage after a lunar gravity free-fall of nominally 1,000 feet with
no initial velocity. The impact limiter shall remain intact after the
fall but be capable of explosive removal.

4.5.2 Thermal Controls

Passive temperature control shall be provided to insure mission
success under direct solar radiation. A radiation shield shall contri-
bute to this protection during earth-to-moon transit, and a water boil-off
thermal control system contained within the payload sphere shall maintain
allowable payload temperatures during lunar operation.

by



SYSTEM DESIGN RESTRAINTS

1.0 ENVIRONMENT

The capsule components must be designed to survive and operate
N satisfactorily through the environmental stages listed i{n Table 1l-1.
. These are designated as:

‘ (a) Condition I: ground handling through lunar flight
' (b) Condition II: ground handling through spin-up
{ (c) Condition III: ground handling through retrothrust
' (d) Condition IV: ground handling through impact and

} lunar operation

The expected environmental levels are listed in Tables 1-2 through 1-S.

2.0 VEHICLES
2.1 General

2.1.1 Weight

The total weight of the capsule system shall not exceed 333
pounds.

® '
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; TABLE 1-1
Condition . Events Major Equipment
1 Ground handling Altimeter and support and
Launch and deployment mechanisa
Lunar flight Radiation shield and

retraction mechanism
Lover separation clamp
Retromotor support structure
Wiring harness and junction

‘ , box

I1 Condition I plus Spin motor
Spacecraft Separation and .
Spin-up
II1 Condition II plus P&SA :

to Retrothrust Vibration dampers
f : Upper separation clamp
! Retromotor
y Iv Condition III plus ' Landing sphere

Impact and Lunar .

Operation

o -s6-
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Thrust Axis
Magnitude
Bandwidth, cps

Duration

Pitch Axis
Magnitude
Bandwidth, cps

Duration

"~ Yaw Axis
Magnitude
Bandwidth, cps

Duration

TABLE 1-2

VIBRATION ENVIRONMENT

REQROER M. ¢2- /55

(Applies to all Defined Conditions)

Sinusoidal

+3%* 4+ 2,5%
1-2 2-40

8 min; COSR**#*

+ 3" + 1.25g
1-2 2-40

8 min; COSR***

+3" +1.25
1-2 2-40
8 min; COSR¥#*

White Noise

7.5g%*
15-1500

6 sec

3.75g
15-1500

12 sec

3.73g
15-1500

12 sec

* Where "+" is shown, pe’k values are implied.

Combined

Sine Noise
Sg 2.25g 2.25g
15-1500 40-1500 15-1500
Jmin 3 times, 2 min each;
' COSR for sinusoid
2.25g .1.125g 1l.125g
15-1500 40-1500 15-1500

3 min 3 times, 2 min each;
COSR for sinusoid

2.25g 1.125g 1.125g

15-1500 40-1500 15-1500

3 min 3 times, 2 min each;

COSR for sinusoid

** Where "+" is not shown, rms values are implied.

*%% Constant Octave Sweep Rate

-67-
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TABLE 1-3
THRUST-GENERATED ACCELERATION-AND SPIN ENVIRONMENT

. } Angular
! Acceleration Spin Rate

Linear Acceleration gg) . (ud[ueczl grml

Condition I
Thrust Axis +7, -2 _ - _ -
Yaw and Pitch Axes +2 : . " e
o Condition II
Thrust Axis .+ 1, =2 o 287
Yav and Pitch Axes %2 - - -

Conditions II1, IV ) o
Thrust Axis .+ 65, -2 30 287
Yaw and Pitch Axes +2 _ Te -

® | -ss-
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TABLE 1-4
IMPULSIVE SHOCK ENVIRONMENT

. Amplitude* Duration

Condition I, II, II

Thrust Axis 20g peak 3 millisec
Yaw and Pitch Axes 6g peak 3 millisec
Condition IV (any direction) " 3,000g peak 4 millisec

(Integral up to 200 ft/sec)

* 1/2 sine wvave

TABLE 1-5
. TEMPERATURE, PRESSURE AND HUMIDITY ENVIRONMENT

Pressure Humidicy

Temperature (°F) (mn Hg) (% RH)
Condition I, II, IIT - ‘
Pre-launch + 20 to + 125 puls 774 ' 100
solar radiation '

Space flight Direct solar radiation 0 -
where exposed; radi- :
ation to 0% where
shaded.

Condition IV + 260 max 10 12

73
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2.1.2 Center of Gravity

The center of gravity of the entire capsule system as installed
(altimeter in stowed position) on the bus shall lie within 30 inches of the
bus/capsule support structure interface. The misalignment of the thrust
axis of the rocket motor and the bus longitudinal axis (as defined by the
bolt circle surface) shall not exceed 0.1 degree. The center of gravity
of the separated capsule assembly shall not be displaced more than 0.03 inch
from the nominal retrothrust axis.

2.2 Power System
2.2.1 Power and Sequencing Assembly

A sealed batter pack is to be used as the sole source of power
for the pre-impact sequencing unit and must be small enough to be com-
pletely contained with the P&SA unit. It shall provide for an operating
period of 16.5 seconds. At no time during operation shall the open cir-
cuit voltage be greater than 28 volts nor the terminal voltage less than
14 volts. It shall be capable of providing a continuous current drain of
30 milliamperes plus three (non-simultaneous) current pulses: two 3-ampere
pulses each of 1 second duration and one 4-ampere pulse of 100 milliseconds
duration. The battery pack should be rechargeable through five cycles.

2.2.2 Altimeter

A power supply, including a sealed battery pack, converters and
regulators shall be an integral part of the altimeter system. It shall
provide for an operating time of two minutes. At no time during opera-
tion shall terminal voltage be less than six volts nor more than nine
volts. It shall be capable of providing a maximum peak current drain
of five amperes. The battery pack should be rechargeable through five
charge/recharge cycles.
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2.2.3 Landing Sphere

A sealed battery pack shall be located in and used as the sole
source of power for the payload,

2.3 Flight Control

2.3.1 Retrorocket Motor

The retrorocket motor is required to serve as the braking
device for a vehicle weighing approximately 308 pounds including the
motor weight. The motor with suitable attach devices shall serve as
a primary structural member of the capsule system in such a way as to
permit separation from the spacecraft structure and separation from
the landing sphere assembly. The retromotor shall deceletate the
landing sphere in gravity-free vacuum space by approximately 8816 feet
per second and shall provide reasonable assurance that burnout will
occur at an altitude between 0 and 2000 feet above the lunar surface.
The motor shall be of nearly symmetrical configuration so that a cone
dition of dynamic balance may be achieved. The motor shall support
the approximately 93-pound weight of the landing sphere plus attachings
mounted along the thrust axis on the head end of the motor. The retro-
motor shall also serve as the structural support for the spin system
in such a way as to permit jettisoning of the spin system during retro-
motor ignitionm.,

2.3.2 Spin Rocket Motor

The spin motor assembly shall be required to develop and
deliver to the retromotor/landing sphere assembly a torque to accelerate
this assembly to a spin rate of approximately 285 rpm. The spin axis
is to be coincident with the retromotor thrust axis. The torque vector
shall not be misaligned from the retrorocket centerline by more than
0.010 radians. The spin motor is to be mounted so that the spent motor
case can be jettisoned shortly after retromotor ignition. The spin unit
ignition shall be sequenced by a signal from the P&SA. The unit must
ignite promptly and reliably upon receipt of the signal with a desired
minimum probability of ignition of 0.995. It shall be of symmetrical
configuration so that a condition of dynamic balance may be achieved.

2.3.3 Support and Separation

The support and separation assembly serves as the primary
structural member for transmitting loads from the bus to the capsule.
The forward end of the support assembly is attached to the rocket motor

55
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case continuously about the circumference of the case. Separation
must occur at this plane on receipt of a command signal from the
altimeter assembly. The misalignment of the bus longitudinal axis
(as defined by the bolt-circle of the bus) and the thrust axis of the
rocket motor shall not exceed 0.1 degree. Exposure to the launch en-
vironment shall not produce an additional misalignment which exceeds
0.1 degree. The complete separation process shall not produce a
capsule angular rate which exceeds 0.04 radian/sec.

2.3.4 Altimeter

Erection of the altimeter shall be accomplished in no less
than 5.2 seconds. The delay between the bus-generated commands for
deployment of the altimeter and the omni-antenna shall be no less
than 5 seconds. The antenna is to be erected at the beginning of
spacecraft terminal maneuver (one hour before landing). The erection
mechanism will attach to the bus structure. When the antenna is in the
operating position it will project over the side of the bus, and its
beam axis must be parallel to the roll axis of the spacecraft. The
antenna beam axis shall be within 0.25 degreaz of normal to a reference
plane defined by three points on the antenna structure.

The altimeter is to start operation upon receipt of a command
signal and deliver a single output signal (designated "fuzing signal")
at a prescribed altitude (designated "fuzing altitude"). The altimeter
will not be separated from the bus. The altimeter shall start within 1
second after receiving a start signal voltage step of 18 to 30 volts.
The altimeter shall not cause any interference with other r-f equipment
on the bus operating in the vicinity of 890 and 960 mc. The altimeter
is to be started at a time before bus impact such that warm-up will be
complete at an altitude of not less than 180,000 feet. The pulse re-
petition frequency shall be between 500 and 600 pps, and warm-up time
shall not exceed 15 seconds. To prevent false fuzing under these con-
ditions, warm-up shall not begin at an altitude in excess of 820,000
feet. During the time of operation of the altimeter the approach
velocity to the moon will be between 8400 and 9400 feet per second,

The fuzing altitude shall be set at a point between 61,800 and 81,800
feet. The altimeter shall provide a range resolution accuracy such

that the cumulative errors from all effects (range measurement, antenna
boresighting errors, switching time, etc.) shall result in a measure-

ment error of no greater than 500 feet at the fuzing altitude. The
altimeter shall operate and shall be capable of delivering a fuzing signal
for a period of not less than 120 seconds following warm-up. The alti-
meter shall have a probability of false fuzing, from maximum starting
eltitude, of not greater than one percent.

-72-
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2.3.5 Impact Limiter

The impact limiter shall be nominally transparent to radio
frequency energy. It shall be adequate to sustain impact normal with
the lunar surface at velocities up to 200 feet per second. An
interconnect member, adequate to attach the sphere to the retromotor
throughout the flight environment shall be attached at one end
(along the thrust axis) and shall provide a means of separating the
landing sphere from the rocket after rocket motor burnout. A similar
clamp device and attach fitting shall be provided on the opposite end,
along the thrust axis to support the spacecraft omni-antenna.

2.3.6 P&SA

The P&SA shall consist of equipment and circuitry for se-
quencing the terminal events just prior to lunar impact. It shall
possess a means for isolating the battery supply from the timers and
squib circuits until after launch acceleration exceeds a nominal value
of 5g for 1.5 seconds. The sequencing unit and the batteries shall be
self-contained.

3.0 SCIENTIFIC EXPERIMENTS

Operation of the accelerometer sensor spheres shall be com-
patible with the surface characteristics listed in Table 3-1.

4.0 COMMUNICATIONS

4.1 Antenna

The data from the experiments are to be transmitted from the
moon to DSIF. The antenna shall be compatible with communication
angles of from 0 to 45 degrees. (The communication angle is defined
as the angle between the earth-moon line and the lunar local vertical.)

4.2 Transmitter

Subsequent to mounting the capsule on the bus the transmitter
shall not be operative until after retro-ignition. The carrier shall
be 960 mc in the L-band and shall be phase modulated. If subcarriers
are employed, they shall be standard IRIG channels.

=73~
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TABLE 3-1

LUNAR SURFACE CHARACTERISTICS

Particle size: Smooth areas of the lunar surface at a scale of
the spacecraft or less consists of granular material, perhaps
loosely sintered in parts, of grain size range 1-300 microns.

Insulation properties: The material is highly insulating
(KPC =106 in CGS units where K = thermal conductivity,
P = density, and C = specific heat of the material).

Underlying layer: Underlying the surface material or perhaps
exposed on the surface at places will be rock.

Bearing Strength: In areas of unconsolidated material, a bearing
pressure of ten psi will cause depressions of no more than one
foot. Exposed rock will have compressive strengths ranging from
4,000 to 25,000 psi.

Hardness: For the purpose of surface penetration, the underlying
or exposed rock described in C and D may be assumed to have an
indentation hardness as high as seven on the Moh scale.

Slopes: Slope conditions averaged over distances on a large scale
may be assumed not to exceed 15°. However, local slope conditions,
on the scale of the spacecraft, may exceed this value.

Protuberances: Surface protuberances in an area of comparable

dimensions to the spacecraft may be assumed not to exceed ten
centimeters.

7¥
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5.0 OPERATIONS AND TEST PLAN (EFFECT ON CAPSULE DESIGN)

The landing sphere assembly design shall be based primarily
on environments expected from the time of final mating onward through
launching and flight. 1Its components shall not be subjected to
environments beyond flight-acceptance levels, and the burden of pro-
tection from overexposure shall be on operators and facilities rather
than on the landing sphere assembly itself.

High mission reliability must be attained without dependence
on checkout instrumentation, control, and correction of deficiencies
in the landing sphere assembly after completion of assembly. Sub-
systems must be designed to maintain operating ability and to hold
calibration from the time of assembly to flight.

Except for gross system checkout and tests to verify the
compatibility between the capsule and the spacecraft bus, design con-
straints do not permit testing, trouble shooting nor component re-
placement beyond final assembly.

All elements of deliverable capsules which can be tested non-
destructively must pass acceptance tests. Acceptance tests are environ-
mental and functional tests of the specific components, subsystems and
systems which are scheduled for flight. These tests demonstrate that
the flight units satisfy the designs and specifications.

6.0 PACKAGING AND WIRING

All electrical, electronic, and electromechanical parts in
the capsule will be procured to Minuteman, Space Parts Working Group,
or equivalent Aeronutronic-generated high reliability specifications.
To the extent practicable modular scheme of packaging of electronic
equipment shall be used. The external wiring system for the capsule
is used for transmission of electrical signals for controlling terminal
events prior to lunar impact. A portion of the system shall also be
used to provide telemetry information to the bus telemetry system.

7.0 STERILIZATION
Direct action shall bLe taken to deliver the capsule system
in a bacteriologically sterile condition, To do this, all feasible

and reasonable engineering precautions shall be exercised by subjecting
the various system elements to one or more of the following:

«75-
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(a) heat-soaking components and subassemblies at
257 degrees F for 24 hours,

(b) using sporicidal resin systems,

(c) wusing liquid sterilizing additives to non-metallie
components,

(d) using surface sterilizing agents during interfacing
operations, or

(e¢) exposing to ethylene oxide/Freon 12 gas mixture,

and conducting assembly operations, where required, in a sterile
etivironment.

8.0 INTERFACE PROBLEMS

Mechanical mating of the capsule system to the bus is limited
to the landing sphere/JPL omni-antenna interface, the retrosupport
structure/bus interface, and the altimeter/bus interface. These opera-
tions shall be accomplished within tolerances which conform to sections
2.1.2, 2.3.3, and 2.3.4. The design of the capsule should be such that
it will not interfere with the shroud envelope.

A junction box capable of exchanging all signals necessary

to meet the capsule/bus electrical interface shall be provided,

=76~
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EVOLUTION OF SYSTEM DESIGN CHARACTERISTICS

1.0 MISSION OBJECTIVES AND GROUND RULES

When the Apollo manned mission to the moon was elevated to
a position of high national priority with the ambitious objective of
getting a man to the moon and returned during the 1960's, it became
strikingly apparent that more detailed information was required on the
characteristics of the lunar surface. The predictions of the lunar
surface characteristics based on the meager scientific data available
varied from flat, smooth surfaces to rocky crags and deep crevasses, and
from hard rock-like material to deep layers of fluffy dust. The landing
devices of an Apollo vehicle designed for the worst surface condition
would easily claim over 50 percent of the allowable payload weight. PFor
4 more favorable landing surface, the landing gear could likely ba re-
duced to less than five percent of the payload. Moreover, many millions
of dollars and months of delay could be saved by designing to a more
definitely known set of lunar surface characteristics rather than for
all possible conditions.

In the U. 8. space program, the only operation space vehicle
system capable of delivering payloads to the moon during the 1961 to
1964 time period is the Ranger system. The Ranger utilizes the well-
proved Atlas booster and Agena B upper stage. The Ranger Spacecraft
mounted on the Agena B is capable of delivering payloads to the vicinity
of the moon on an impact course. By late 1961, the development of a
semi-hard-landing capsule capable of placing a payload of instruments
on the lunar surface was well advanced to the point of having a high
degree of confidence in its successful operation. A sensitive seismo-
meter developed by JPLW as assigned as the first instrument to be landed
by this capsuls.

e e —— o g A ——— g g = s O U e g TS s

Si/



RECRDER My, £ 2~ r57s”

The question then raised was whether this same Ranger payload
delivery system already well along in development, could place other
instruments on the moon capable of obtaining data in the two categories
specified as most urgently needed for the Apollo vehicle design effort:

(1) Detailed surface topography
(2) Surface strength properties

A unique high-resolution facsimile approach to obtaining data in surface
topography has evolved and has been designated the Lunar Surface Photo-
reconnaissance Capsule (LSPC). The LSPC is completely compatible with
the Ranger delivery system and requires modification only to the instru-
ment compartment. The objective which remained was to obtain detailed
surface strength properties. This was the mission specified for the
Lunar Surface Measurement Capsule (SURMEC).

2.0 DISPERSED SAMPLING

With a payload established safely on the moon via the Ranger

system, the problem remains to do meaningful surface testing. To confine .

such surface testing to that point where the Lunar capsule comes to rest .
would give very limited, perhaps misleading, information. For example,
the capsule could stop on a small localized formation with properties in
no way typical of the surrounding terrain. There is also the possibility
that the surface characterisitics could be materially influenced by the
presence of the capsule itself. Hence, it was concluded that the lunar
surface must be tested at a number of locations over as wide an area as
possible. A number of studies were initiated of various creeper, crawler,
walker, roller, and other types of vehicles for traversing the lunar
terrain. Such vehicles did not prove compatible with the rather small
allowable payload sphere of less than twelve inches in diameter in the
Ranger system. To be capable of traversing any large-scale surface irregu-
larities, such vehicles would have to be unfolded or inflated manyfold.
Within the total allowable payload weight of less than 40 pounds all such

"expandable” roving vehicle designs appear too flimsy to withstand any of
the tumbling or impact which might be encountered while traverlinz tho
lunar terrain.

In other areas of locomotion, the "pullers" and "hoppers"
indicated improved chances of moving about on almost any type of terrainm.
The puller vehicle could project an anchor ahead of it and then reel
itself toward the anchor. However, such a vehicle still has a fair chance
of becoming jammed on a rough and irregular terrain. The rocket-propelled
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hopper is probably most independent of the terrain in that its reaction
force is completely independent of the nature of the surface ahd would
tend to propel the capsule even though it be burried beneath a layer of
dust or lodged in the bottom of a fissure. Preliminary design effort
was initiated on such a hopping vehicle, but this effort soon bogged down
in rapidly multiplying mechanical design problems. For example, the
capsule would have to be erected to the vertical at the end of each

hop to properly align the rocket motor or motors for the next firing.

The flotation fluid employed in the Seismometer Capsule could not be
readily employed as an erection mechanism because of a hole in the outer
sphere must be provided to permit exhaust of the rocket Jet, Multi-
aperture assemblies and roller-bearing devices to permit aligmment of the
rocket nozzles with apertures in the outer container were all subject to
Jamming by lunar surface dust and aggregate.

Concurrent effort investigating meaningful experiments and instru-
ments was rapidly indicating that a great deal of quantitative information
on the scientific and engineering properties of the lunar surface could be
obtained from an analysis of the acceleration profile upon impact of a
sphere on the surface. Emphasis on impact acceleration data, rather than
radiating, probing, or drilling, led to the concept of not attempting to
move the lunar capsule, but rather of projecting small spherical instru-
ments from the main sphere and recording acceleration data from impacts
dispersed over a reasonably wide area. This concept promised to achieve
the objective of a large sample of surface measurements made in a controlled
manner over a reasonably wide representative area, while at the same time
maximizing the change of obtaining useful data no matter what type of lunar
surface might be encountered. This design concept of a fixed payload assembly
and projected sensors was adopted as the basic design approach of the SURMEC
system. -

3.0 SENSORS

By mid-1960, NASA scientists at the Langley Research Center were
well progressed in an investigation of acceleration profiles from impacting
spheres as a potential means of determining the lunar surface characteristics.
Impacts of spheres of varying weights and diameters over a wide range of
velocities on surface materials such as concrete, lead, balsa, soil, sand,
peat moss, and various layers of one on another indicated that very distinct
acceleration versus time signatures were obtained which clearly charac-
terized one type of surface material from another. Moreover, promising
success was achieved in correlating parameters such as the sphere diameter,
mass, velocity, acceleration, and depth of penetration to make it possible
to apply the results to a wide range of objects, including the landing gear
of an Apollo landing vehicle. :

&3
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. Impact sphere sizes tested at Langley ranged from one to three
inches in diameter and indicated that this was a satisfactory size range.
Piezoelectric crystal seasors were employed at Langley to sense the accel-
eration within the impacting spheres. Special cable of carefully controlled
impedance properties was employed to conduct the data signal to appropriate
amplifiers and recording instruments.

While piezoelectric crystal accelerometers are highly accurate
and well-proved devices, the handling of their signal output presented
problems to the SURMEC design. As the direction of impact of the senmsor
spheres on the surface is not predictable, an omni-directional acceleration
sensing capability is required. This would mean placing three crystal
sensors in each sphere, then electronically squaring each output, and
adding the sum of the squares. As it was desired to impact the sensors
at least 100 feet or more from the payload assembly to obtain an area
sample of data, the transmission of the sensor signal to the earth-directed
RF transmitter in the payload became a problem. While high miniaturized
independent power supplies, amplifiers, and transmitters could probably
be developed for packaging within a three-inch diameter sphere, this would

: require a rather extensive development program consuming valuable time,
* ‘ . and would also present a formidable challenge for each of the sensor
spheres. Direct wire signal conduction would be preferred, but piezo-
electric crystals present attenuation problems when transmitting their
output over more than ten to twenty feet of cable. Thus, while a cable
is much to be preferred over individual power supplies and transmitters
in each sensor sphere, the crystal accelerometers would probably still
require a separate amplifier circuit in each sensor sphere. For schedule
and reliability reasons, the SURMEC design selected a wire or cable means
’ of transmitting the acceleration data from each impacting sensor sphere
to the parent payload assembly for processing and transmission to earth.
While the use of three-axis piezoelectric accelerometer sensors with
squaring, summing and amplifying circuits in each impacting sphere is
undoubtedly feasible, an alternate sensor was recommended for further in-
vestigation and feasibility development. This sensor is based on the
principle that the hydrostatic pressure developed in a column of fluid
is directly proportional to the acceleration imposed on the fluid; thus
the pressure at the center of a spherical cavity of fluid within each
sensor sphere would be directly proportional to the acceleration of the
sphere upon impact with the lunar surface. As the cavity is symmetrical,
the acceleration-sensing ability is omni-directional in nature. Placing
a pressure transducer at the center of the liquid cavity presents some
problem in disrupting the symmetry of the fluid cavity, so that an
alternate of placing two transducers on opposite sides of the cavity was
proposed. The average of their readings represents the pressure desired
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at the center of the fluid cavity. Pressure transducers of small size
and high signal strength are desired for this application. Recently
developed transducers employing silicon strain gauges directly bonded

to diaphragms are uniquely suited to this application, in that they have
not only the desired small size and high signal output but are also quite
insensitive to shock loading. :

Obtaining the maximum number of data points dictates that as
many sensor spheres as possible be employed. Within the limited pay-
load size, this requires that the sensor spheres be as small in diameter

as possible. Moreover, it is desired to maximize the depth of penetration

to obtain surface characteristics down through any possible thin surface
crust material, which also dictates spheres of small diameter. The
practical lower bound of this diameter is the size required for the sensor
elements. The desire to maximize the depth of penetration also dictates
that a maximum density be achieved within the sensor sphere.

The resulting sensor spheres, which consist of a minimum-size
maximum-density sensor element surrounded by a high-strength metal shell,
can minimize the effects of sphere structural deflections on the sensors.
An outer coating of a low modulus material, such as epoxy resin, is
desired to reduce the peak accelerations and thereby reduce the required
range for the accelerometer sensors.

4.0 SENSOR DEPLOYMENT

The experiments at the Langley Rcsearch Center produced excellent
surface characterization results at sensor sphere impact velocities of from
ten to forty feet per second. Impact velocities much higher than this
produced no improvement in data while encountering serious cable problems.
An impact velocity of approximately thirty feet per second was selected for
the SURMEC sensors. Nearly vertical impacts of the sensor spheres are
desired from the standpoint of clean data interpretation as well as maximum
depth of penetration. However, at the same time it is desired to disperse
the sensor impact points as far as possible from the payload assembly,
which in turn dictates launch angles approaching 45 degrees. As-a compro-
mise, an angle of 20 degrees from the vertical was selected in the initial
preliminary design. At this launch angle the altitude attainable is
88 percent of that obtainable from a vertical launch, while the range is
still a respectable 65 percent of that obtained from a 45 degree launch.
Moreover, the angle is in a range which produces little variation in peak
altitude over the possible spread in the launch angle due to misalignment
of the payload assembly. Under the foregoing launch conditions, sensor
spheres launched along a ballistic path impact nominally 150 feet from
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the payload assembly. Later in the preliminary design phase, the addi-
tional restriction that the CG of the payload assembly be beneath the
center of buoyance to permit erection to the local lunar vertical by
flotation techniques required that the launch angle be increased slightly
to permit the sensor spheres and their launching mechanisms to be nested
lower in the payload structure. The increased launching angle also moved
the sensor mechanisms slightly outward within the payload structure, per-
mitting longer strokes for the sensor deployment mechanisms without
internal interference between the deployment mechanism housings. The -
longer stroke is desirable to reduce the peak reaction force on the
capsule assembly during sensor ejection.

Of the many energy sources available for projecting the sensor
spheres from the payload structure, mechanical springs were employed for
their light weight, ease of development, reproducibility, and simplicity.
Only the firing of an explosive bolt is required to release the coil
spring which ejects the sensor sphere. Providing an individual spring
and explosive bolt for each sensor sphere and deployment mechanism main-
tains independence between the sensors so that the failure of any one
does not adversely influence the behavior of the remaining sensors.

The reaction force on the payload section when the spring is
released raises the question of whether the payload assembly might be
upset or tipped over on the lunar surface. This possibility is minimized
by aligning the ejection mechanisms so that the path of reaction passes
through the contact point from the payload assembly with the lunar surface.
Tipover can then arise only if the assembly should begin to slide along
the surface, producing through friction a rolling torque on the capsule.
An investigation of static coefficients of friction for typical surfaces
indicated that such sliding is not likely, even for launch angles of up
to 45 degrees. However, any caging and anchorage provisions which can
readily be incorporated in the design will help to insure elimination of
this possiblity.

5.0 ACCESS TO SURFACE
oy ’)M
The Ranger deliver§ system requirea that ‘the payload assembly

e ﬁr»berturrounded a crushable impact limiter to permit survival of the

payload upon impact on the moon. Some means must be provided to deploy

the sensor spheres through this limiter structure onto the lunar surface.
Feasibility tests have indicated that it is practical to explosively
propell a "cookie cutter" out through the limiter to produce holes up

to at least 3-1/2 inches in diameter. However, launching multiple sensors
out of a single such hole would require some means of rotating and pointing
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the payload assembly in a fairly precise manner in the desired direction
before deploying each sensor. No simple means of doing this was en-
visioned. An alternative would be to provide a much larger hole, o
essentially clearing the entire upper hemisphere of the payload assembly
to permit launching of the sensor spheres one at a time without reorient-
ation of the payload assembly. A '"cookie cutter" to do this would require
not only a sizeable explosive charge but would also be prohibitively
heavy due to the quite husky barrel required to contain the explosive
charge. This then led to the specification of a removable impact limiter
for the SURMEC. Experimental results have demonstrated that relatively
small amounts of detonating fuse, properly placed, can readily clear the
impact limiter material from the outer shell of the payload structure.
While the removal can be complete, it is actually desirable to leave
enough of the limiter material in a jagged or spiked pattern to promote
good seating of the payload assembly upon the lunar surface.

Since electrical connections to a free-floating payload assembly
from the impact limiter are difficult to achieve with reliability, it was
specified that the removal of the impact limiter be achieved entirely
without communication with the payload. Accordingly, an appropriate
switch, timer, and detonation mechanism must be located within the limiter
structure itself. :

6.0 COMMUNICATIONS

To be consistent with the Ranger system and early DSIF capa-
bilities, the SURMEC must employ the 960 megacycle transmitter band.
Among the more significant parameters which dictate the amount of infor-
mation which can be transmitted from the payload on this band are the DSIF
gain capabilities, the capsule antenna gain, and the capsule transmitter
output. The DSIF capabilities are known for this mission and are essentially
fixed. The gain of the capsule antenna can be improved by erecting an
antenna structure above the landed payload assembly. The feasibility of
such a high-gain antenna capable of pneumatic erection has been demonstrated
and ado;zted for the SURMEC design. The remaining variable is the trans-
mitter output power. A transistorized transmitter is.diectated by small
volume requirements in the payload as well as the requirement to survive
. =a-high "g' ini€ial impact on the lunar surface. The feasibility program
on such a transmitter has indicated that as much as five watts might be
achieved as a peak output with two watts agssured as a minimum value for
use in the SURMEC design.
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An analysis of the complete communication link performance has
indicated that a data band width of up to 93 cycles per second is practical.
Direct transmission of the accelerometer data in real time over this band
width would limit accurate reproductions of the acceleration profiles to:
those encountered with relatively soft surfaces of 100 psi or less.

Harder limiter surfaces would produce rather sharp peak acceleration
pulses which could not be accurately transmitted over the available band-
width.l As surfaces of up to at least 500 psi are of interest to the
Apollo vehicle designers, it is desirable to incorporate a data storage
unit within the SURMEC payload. While tape recorder units are available
which could meet the data capacity, weight and volume requirements, a
survey failed to reveal any present or proposed unit capable of surviving
the high acceleration of the initial impact on the lunar surface. Solid-
state data storage units, on the other hand showed no inherent limitations
to survival under such impact conditions, and they also can readily fit
within the available weight and volume limitations.

P The selected SURMEC communications link accordingly calls for

; real time transmission of the accelerometer data backed up by repeated

' transmissions in higher resclution and in delayed time from a solid-state
) ‘ data storage unit.

7.0 SECONDARY EXPERIMENTS

While a majority of selenologists and astronomers believe that
the lunar surface can be covered by no more than a few centimeters of
dust, there still remains the possibility that a very deep dust layer
does exist. Since such a dust layer would greatly complicate the Apollo
landing problem, it is highly desirable that the SURMEC return a positive
indication if such a layer is encountered. In dust comparable to that
found on earth, the impacting capsule should form a crater and be
exposed to perform its experiments in the normal fashion. To determine
the full depth of the dust layer, a penetrometer has been added to fire
vertically downward into the lunar surface with relatively high energy
to return an acceleration profile indicating penetration resistance
characteristics to a considerably greater depth than possible with the
accelerometer sensor spheres.

g 1 The bandwidth could be extended to approximately 150 cps by utilization

of the optional MASER at the DSIF Goldstone Statiom.
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If the dust layer should be extremely fluffy to the extent
that the landed capsule is deeply buried, this circumstance can be
sensed and preserved by recording in the data storage unit the acceler-
ation profile during the initial lunar impact. Transmission to earth
can then be concentrated in a very narrow bandwidth. The obstacle to
this is that the high-gain antenna can probably not be erected when
covered with a deep dust layer. Accordingly, a slot antenna is provided
as a means of transmitting from beneath a lunar dust layer. In this
unlikely event of burial, the primary accelerometer experiments cannot
be performed, and the entire power capacity of the payload is consumed
in transmitting the single set of data from the initial impact on the
soft dust layer.

As energy is released into the lunar surface when each of the
accelerometer spheres impacts at approximately 150 feet from the payload
assembly, there is a good possibility that valuable information on the
lunar substructure can be obtained by sensing the acoustic reflections
reaching a geophone in the payload assembly. To provide stronger acoustic
reflection signals to the geophone pickup, there is available the option
of ejecting one or more explosive charges in place of, or as a part of,
the accelerometer spheres. ’

8.0 SUPPORTING SUBSYSTEMS

Other subsystems required in support of the foregoing design
features of the SURMEC system are, vherever possible, either identical
to or similar in principle to those designs developed for the Ranger
Seisometer Capsule. This is consistent with the established ground rule
of employing a maximum Ranger development to achieve a capsule operational
capability in the minimum time and with the maximum reliability. Thus all
subsystems required for delivering the SURMEC payload to the lunar surface
are identical to their Seisometer Capsule counterparts. A balsa impact
limiter structure is employed, modified only to further increase the
survival capability and to permit explosive removal after impact on the
lunar surface. The principles of flotation for payload erection and of
the caging mechanisms are directly borrowed for the Seismometer Capsule,
as is the water thermal control system, and the miscellaneous electrical
and .mechanical elements required to complete the successful SURMEC
miss}on.

)
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APPENDIX A

SURMEC SENSOR TRADEOFFS

Reference: Aeronutronic Report No. U-1509, "A Lunar Surface
Measuring Capsule", January 8, 1962

A.1 SUMMARY AND CONCLUSIONS

(1) The sensor sphere diameter should be minimized.
The size of the accelerometer provides a practicll
lower bound on the diameter.

(2) The stored energy in the spring should be maximi-
zed. The size of the spring provides a practical
upper bound for this quantity. The spring energy
fixes the kinetic energy of the sensor sphere.

(3) For a given sphere diameter the density should
be maximized. .

(4) The launch angle (measured from the lunar vertical)
should be maximized. The coefficient of friction'
between the capsule outer surface and the lunar
surface material provides an upper bound on the
angle. In any case, the angle should not exceed
45 degrees.

The effect of (1) and (2) is to maximize the depth of penetra-
tion and thereby maximize the data obtained from any one impact. The

effect of (3) is to reduce the length of wire for the data link.. The
effect of (2) and (4) is to maximize the number of sensor spheres.

A.2 INTRODUCTION

The purpose of this memo is to examine, in a general way,
the tradeoffs among the hardware quantities;

(a) sensor sphere diameter

g0
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(b) sensor sphere density
(c) 1length of wire
(d) spring size
(e¢) number of sensor spheres
and the desériptive Quéntitiél
(a) launch angle
(b) launch velocity
(c) motion of the capsule
(d) depth of penetration

The original SURMEC system is described in the reference.
The pertinent facts are summarized below. Seven sensor spheres are
sequentially impacted on the lunar surface in an approximate 300 foot
diameter area. The sensor spheres are launched from the erected and
anchored capsule (which weighs 38.7 pounds with the spheres and with-
out the balsa wood impact limiter) with an initial velocity of 33.8
ft/sec and a launch angle of 20 degrees measured from the local vertical.
A spring with an initial compression force of 500 pounds and a 1 inch
stroke (20.8 ft 1b energy) is used to launch the sensor sphere. A fine
wire (0.05 pounds per 100 feet) serves as the data 1ink between the
sensor and the capsule. Each sensor sphere weighs 1.17 pounds and has
a 2 inch outside diameter. Each sphere houses an omni-directional
accelerometer with a 1 inch cavity of mercury. The largest dimension
of the accelerometer is approximately 1.4 inch. The outside cover is
stainless steel. Tungsten had been suggested as a possible alternative
to steel.

The system described above represents a compromise involving
several quantities (notably those mentioned earlier in the introduction.)

A.3 BASIC CRITERION

It seems intuitive that the quantity of data obtained during
a single impact is in direct proportion to the depth of penetration
of the sphere into the lunar surface. The depth of penetration in-
creases as the kinetic energy (at impact) per cross-sectional area of
the sensor sphere is increased. Thus we are led to the basic criterion

91

G ST



REORDER No. £ 2~ 7575~

for the sensor sphere configuration and launch parameters:

The kinetic energy per unit area of the sensor sphere
should be as large as possible subject to system con-
straints and design limitations.

A.4 LAUNCH ANGLE

For the system described in the reference, the weight of the
wire (less than 300 feet long at 0.05 1bs/100 ft) is an order of magni-
tude less than the weight of the sensor sphere (1.17 pounds). Thus,
the trajectory of the sphere is approximately parabolic with the impact
velocity and angle equal to the launch velocity and angle, respectively.

Let x, be the horizontal distance between the launch and impact
points and let 61 be the launch angle as measured from the local vertical.
Then ‘

*z(el)

= gin 291

x,(45°)
vhere
x,(45%) = v, %18
i ® launch velocity
8 ™= acceleration due to gravity at the lunar surface

Likewise 1if yp is the peak altitude we have

yp(el)

2 .
= cos 9l

(-]
yp(o ) .

where .

7,0 =v; 2126

2
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For the system described in the reference, 6, = 20 deg. and vy = 33.8 ft/sec,

we obtain : . 1
xz(as°) = 216 ft, yp-(o°) - 108 ft
x2(20°) = 0.766 (216) yp(20°) = 0.833 (108)
= 165 ft, ' = 95 ft

The radius of the impact area varies as the sin 26.. The maximum range
occurs when 9§, = 45 deg. The trajectory of the wire has not been studied,

however, it i8 expected that the length of wire is also maximized at
91 = 45 deg.

For a given sensor sphere size the number of spheres N increases
as 91 approaches 45 deg. N is given by

2
N = q(a/r) sin 91 (cos 91 + Vt - f) - sinzel)

where a is the radius of the inner payload sphere and r is the radius of
the sensor sphere. This equation is represented graphically in Pigure 1.
The original system calls for N = 7 at 9l = 20 deg

The launch angle is important in yet another regard, rotational
disturbance to the capsule during launch. The spring reaction force acts
through the contact point. Consider the case when the vertical component
of the spring force is resisted by the lunar surface material. A problem
arises in this case when the static frictional force is less than the
horizontal component of the spring force. Then the capsule will both
slide and rotate about the mass center. There exists a critical angle 8§
for any two contact surfaces for which the contact point will commence

to move. The system must satisfy the constraint that the launch angle 91
be less than Gc. :

It is recommended that 91 be set equal to 45 deg ot'ec, whichever is smaller.




NUMBER OF SENSOR SPHERES, N

N --ir(./r) SIN 6(COsf+ ", (1 - -:- )z - smze)

0 1 | ]
0.15 0.20 D 0.30

r /a (NONDIMENSIONAL)

$10058

FIGURE 1. NUMBER OF SPHERES VERSUS LAUNCH ANGLE AND SPHERE SIZE
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A.5 METHOD OF UNWINDING WIRE

Two schemes are possible; unwind the wire from the capsule, or
unwind the wire from the sensor sphere. The first scheme is used in the
reference and this scheme is recommended for the following reasons:

(1) The impact velocity is higher for a given launch energy.
Here we include the mass of the wire.

(2) Porces are exerted at the fixed end of the wire. Since
we choose not to disturb the orientation of the capsule,
the first scheme is preferable.

A.6 LAUNCH FORCE AND ENERGY
The differential work done by the spring during extension is
dW = Xdx

where X is the spring force and dx is the differential stroke. For a
linear spring force

wel X Ax
270

vwhere X, is the maximum compression and Ax is the total stroke. For

the system described in the reference

Xo = 500 pounds, x = 1 inch, W = 20.8 ft 1lbs
W represents the éhange in potential energy of the spring to kinetic B
energy of the capsule and the sensor sphere. Clearly it is desirable
that the distribution of the kinetic energy be unequal with most of
the energy going to the sensor sphere. In the limiting case when the
capsule-sensor system is not acted upon by external forces, the energy
distribution would be given by
Vz E
T, +T, = E, T, » =
1 2 1 wl + Hz

where T is kinetic energy, W is weight and the subscripts 1 and 2 refer
to the capsule and sensor sphere, respectively. For the system described
in the reference ;

T, = 0.03 E, T, = 0.97 &
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If motion of the capsule were restricted by the lunar surface
material, the energy distribution would be even more onesided.

Since Ty 1s much less than the kinetic energy of the capsule
at impact (~3 x 104 ft 1b) the problem of burying the capsule while
launching the sensor spheres is somewhat academic. The capsule would
be buried during the initial impact if the lunar surface were very soft.

-92.
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APPENDIX B

LSEC TIP-OVER ANALYSIS

B.1 SUMMARY AND CONCLUSIONS

Due to angular alignment errors in erecting the LSPC payload
to a vertical position (typically, 30range = 6 degrees) the explosive
hole cutter reaction force can tend to cause tipover or further mis-
alignment of the payload. A general parametric analysis was performed
on a simplified tipover model which is believed to be a conservative
one involving a hard smooth surface. Typical values based on experi-
mental results were substituted into the generalized solution. On

- level terrain it was concluded that 1.3 inch diameter flat spots on

the impact limiter surface would prevent tipover. On appreciably
Steeper-slope but smooth surfaces, the landing sphere assembly can
only come to rest on one of the deeper flats caused by the initial
impact on secondary impacts on the lunar surface. Typical secondary
flats would prevent tipover on slopes of up to 32.5 degrees.

B.2 ANALYSIS

If the porting gun in the LSPC survival sphere is not erected
to the vertical when it is fired, a net force impulse will be imparted
to the survival sphere when the balsa slug and cutter blade are separated
from the rest of the survival sphere. Depending upon the manner in which
the survival sphere rests on the surface, a turning movement may be genera-
ted by this force impulse which is sufficient to overturn the survival
sphere. The worst situation would appear to be a case where the survival
sphere is resting on a small flat which is in contact with a hard surface..
On a soft or dust surface, most of the force impulse energy would go to
pushing the survival sphere deeper rather than to overturn it.

.. In the assumed model (see Figure 1) for the worst case, it is
assumed that there is a fixed pivot point, "p", which lies in the plane
containing the gravity vector and the porting gun axis (assumed to go
through the CG) and is on the circle of intersection of the sphere and
lunar surfaces. If "p" is not fixed, some of the force impulse energy
will be absorbed in translation of the survival sphere, and this is not
objectionable. Figure 1 shows the ball resting on a flat of half angle ¢
with a terrain slope of s. As shown here, s {8 considered to be a positive




mass having the body at a velocity V.. That 1is,
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slope which, for the indicated direction of (Fdt), is the worst case.
Also, it is tacitly assumed that (¢ - s) >0, otherwise the sphere
would tot have come to rest. . #

. e
F“ 4 ‘

Sphere Position A \/{9

at t=¢ ,

,\ _ -

7

Sphere Initial
Position

Slope = s

H FIGURE 1. RESTING SPHERE GEOMETRY
Mg Mg

It is of interest to establish for given values of ¢ and s
what values of Fdt and B will cause overturning. Overturning will re-
sult when the initial angular velocity of the sphere about point p is
sufficiently large that the gravitational torque cannot restrain the
buildup in 6 to less than the value (9= ¢ - s) which places the CG
over the pivot point p. '

Resolving the applied forces along and normal to the line
Joining the CG and the pivot point, the following torque equation
can be written

' 2 . ag
Fr sin ( B -¢+s+0) - Mgr ‘lin [¢ - (s+6)] - Ip -::g— - Ipeg-g (1)

It 1s to be noted that F(t) i{s an impulse function whose
magnitude is equal to the momentum represented by the incremental
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¢ ar |
j F(t)dt = [ F(t)dt = ved"
o 0 :

where AT 1s an arbitrarily short time. Integrating equation (1) from
t =0tot =AT which is arbitrarily small yields '

AT AT AT

L2 :
[ (Ip d—-g )= f Fr sin (B -9+s46)dt - [ Mgr sin [¢-(s+9)] de

de
o 0_ [

N A r .
1o, = st (§-$+) [ Fdt = r sin ( éw)vgdu )
- |

vwhere @ 1s the sphere's initial angular velocity.

Integrating equation (1) from t = AT to t = t but using the
2 :

alternate form for I 9 yields
P ge?
6y e 6 (t)
f Ip 648 -[ Fr sin ( B-p+s40)d0 - f Mgr sin ¢-(s+6) 46

8(am 6 (AT) o 8 (AT)

Since F is zero for T ¢t
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&(¢) @ (t)

1
-i-g 62 ] = - Mgr cos [¢-(|+9)] ]
. o, o

Thus,

I . 2'
-2-2 (Oz(t) -wo ) = Mgr { cos (¢-s) - coa[¢‘-(a+€(t)] (3)

The critical unbalance condition arises when § = (¢p-s) at which timé
should be zero or negative. Thus, the requirement on wo becomes

® 2
1 —§_5__ Mgr [1 - cos (o-.)]

| 4
or S 3 o
rzv‘zdmz l:l.u2 (B ¢9+8) S 2Ipng [l-coc A @-oﬂ
or that : ‘ |
’ g ““(%, L
v { < B : : a
e dM ' in [5_(¢_.)] . , %)
Using ‘ -

M= %9, slugs, dM __0__.% slugs, IP -Mc2 4 2/5 M2+ 7/5 Hrz

g = 5.31 ft/sec? and'r = 1 foot

leads to the following result.

v <300 \[1 5.3t '“‘(?) I ""(%!)
e sec? : lin[ﬁ -(¢-l)] sec cin[ﬁ -@-l)]

w
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V‘ is plotted in Figure 2 as a function o([lﬁ -(¢-si for various

values of (¢-s). These relationships are shown as s6lid lines. The dashed
lines of Figure 2 yield the allowable values of V for fixed erection angle
-errors (B) as a function of the rest condition geometry as reflected i{n the
parameters (¢-s). As an example, if the sphere has a 4" diameter flat rests
ing on a 5° slope, then

¢ = sin! 2/12 = 9° 35
s = S°

d-s = 4° 35°

and an erection error B of 15° would permit a value of Ve of up to 179 ft/sec

Discussion with pyrotechnic designers, relative to the porting
gun requirements for the LSPC capsule, indicate that a nominal exit
velocity of approximately 75 ft/sec would be reasonable and that 3¢
variations of + 50 ft/sec should be realizable. This tolerance on the
exit velocity is subject to the assumption that large pieces of balsa
are not removed from the path of the cutter as a result of impact. Using
the upper bound value of exit velocity, (125 ft/sec) in conjunction with
a8 30 value of 6°’for the erection error B , leads to a design point as
shown in the Figure 2. Under the assumed model conditions then, tip
over would not be experienced if the angle difference (¢-s) exceeded
1.5°. On level terrain (s=0) this requirement would be satisfyed by
the capsules resting upon a flat having a diameter of 1.3 inches. Flats
of this size could very reasonably be effected on the outside of the 25"
balsa sphere by cementing hemispherical bumps appropriately distributed
on the entire outer surface of the limiter cover. '

If one assumes that the ball will ultimately come to rest on
a flat produced by the impact, relatively large local slope angle could
be tolerated. Impact results compiled from seismometer capsule tests
PS-1 through PS-13 and tests LIV-1 and LTV-3 through LTV-7 showed that
the smallest depression of a major "flat" due to normal impact was about
3.0 inches. The smallest minor "flat" due to a second bounce during an
off-normal impact was 2.15 inches. Applied to a 25" diameter ball, these
results translate into a tolerance of local slope angles respectively of
40.5%-1.5° = 39° and 34°- 1.5° = 32.5° respectively. These would appear
to be relatively large slopes compared to the 15° maximum slope (over
distances large compared to the surveyor spacecraft) assumed {n the
J.P.L. model of the lunar surface.

1
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APPENDIX C

LSPC ILLUMINATION ANALYSIS

Reference: V. A. Fedorets, "Photographic Photometry of Lunar
Surface" '

C.1 SUMMARY AND CONCLUSIONS

The photometric function & for the HRF lunar mission has
been obtained (see Figure 1) for all.azimuths A (0° to + 180°) and
three elevation angles € (450, 60° and 75°) measured from the local
vertical. The angle i between the sun-moon line and the local verti-
cal is taken as 60°. The zero azimuth angle A 1{s defined when the
optical axis lies in the plane formed by the sun-moon line and the
local vertical, and when the angle between the sun-moon line and the
optical axis is less than 90°, Thus, ® (A) = @ (-A). The
geometry is shown in Figure 2. Applying these data to the LSPC
system it appears that a relatively high degree of picture contrast
can be achieved in a reasonably large fraction of the total picture
coverage if the scene possesses contrasting elements.

C.2 ANALYSIS ,

Based on data obtained from V. A. Pedorets (Reference),
D. Willingham of JPL has been able to express Pas a function of two
parameters, g and @, shown in Figure 3. Willingham's two plots
are included in this memo as Figures 4 and 5. The spherical angle
8 is measured from the sun line to the optical axis. The angle @
1s obtained by finding the line of intersection of the plane con-
taining the optical axis and the sun line with the vertical plane
vhich is normal to the first plane. & is the spherical angle
between the optical axis and the line of intersection. Based on

the spherical triangles shown in Figure 3 we obtain the following
relations ‘

-99-

R - [ TS L e et - T = B e




R N‘J.‘_ b2-/55

i

kil

STTIONV NOILVAATA FAWHL ¥Od & NOILONNZ OIVIAWOIONd °1 FUNOIA

09001S
(STWOAQ) \ ‘TIONV MT1S
081 091 091 0zt 001 08 09 0% 0z 0
I I ¥ L | I 1 | 1 ) 0
09 =3 ——afl7 ® (ALIATIOFTIM £0°0 HIIM TAATT OS°Z) CIOHSTUHI ISION WVAUI-UOSNAS
o
Om¢ = 3

$*NOIIONNA DIVIAWOIOHA

rof




PEOREM Mo, ¢ =-/55

$10061

FIGURE 2. GEOMETRY FOR FIGURE 1
-101-

/04



|y e,
.

RE-ORDER Mo, 62- /557

cos g = cos€cos £ + sinesin 1 cos A (1)
sin { '

siny = {7, °Mn ¢ (2)

tan a = tan € cos Y (3)

Now we observe that in Figure 4, g takes on both positive
and negative signs, while a is always positive. However, in ,
Figure 5 g is always positive and a takes on positive and negative
values. Obviously sign ambiguities are present. We will denote the
g and a in Figure 4 with subscripts "4". Likewise g and @ in Figure §
will have subscripts "5". For € between 0 and 90 we have

a>01fy <90°
p <O 1fy >90°

 FIGURE 3. GEOMETRY FOR EQUATIONS (1), (2), AND (3)
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When using Figure 4 we take
8 = 8 when @ <o
g, = -8 when a > 0

oy = lal

When using Figure S we ﬁakc

a, - -Q

55 = 8

It is evident from Figures 4 and S5 that ® is not defined for values
of @ approaching 90 degrees. From (3) we see that a approaches 90
degrees as € approaches 90 degrees, ‘

To relate these results to their effect on the LSPC capsule
consider that measurements made viewing the full moon from the earth,
i.e., when ¢ = 1.00, resulted in a maximum signal to rms sensor-preamp
noise ratio of 187:1. Assuming pessimistically that the. maximum signal
corresponded to a reflectivity of 0.20, it can be concluded that, when
looking at an average reflectivity of 0.07, the 2.50 level of sensor-
preamp noise corresponds to an effective value of 0.038 for the photo-
metric function ¢. This level is shown in Figure 1 as the dashed line.
For half of the complete azimuth coverage, i.e., 90° < Y| < 1809, the
average of the photometric function would be approximately
——000;3 = 3.4 times the 2.50 noise level which would make {llumination
highlights (areas of reflectivity equal to 0.20) appear as approxi-
mately 10 grey levels above threshold. In the other half of the complete
azimuth coverage the photometric function would exceed 0.2 and would
make highlights appear as 16 or more grey levels above the 2.50 noise
threshold. ‘ .

A

~atf.




RE-URDER fo. 6.2 7 57

APPENDIX D

2
IMPACT LIMITER TRADEOFFS
i .

; D.1 SUMMARY AND CONCLUSIONS

Relations which exist among the impact limiter parameters
(weight, density, strength), payload parameters (weight, density,
radius) and the impact parameters (velocity, velocity percentile,
acceleration) are documented in this appendix. A general parameter
: tradeoff chart is presented in Figure 1. This chart is particularly
\ useful if grossly different impact limiter materials are to be com-
pared.

i .
)' Using Ranger RA-3,4,5 design values for some of the para-
meters (impact limiter density, impact limiter strength and total

: . weight) in Figure 1 permits development of a chart, Figure 4, which
. is easier to interpret. The following conclusions may be drawn

; from Figure 4.

(a) The limiter should not be designed to sustain more
than 300 ft/sec since this is, for practical pur-
poses, the 100 percentile velocity (taken. for RA-3).

(b) The impact velocity is relatively insensitive to
small changes in the payload density (approximately
0.095 ft/sec per % density change).when the nominal

density is approximately 140 1b/ft3.

(c) The impact velocity is relatively sensitive to small
changes in the payload weight for all packing
densities (approximately 5 ft/sec per pound)

D.2 TRADEOFF CHART (FIGURE 1) AND ITS USE

The mutual relations which exist between each of the para-
metetl:‘ '

RP - radius of payload sphere

yP - radius of payload sphere radius to impact limiter radius

| ‘

o
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n = NUMBER OF EARTH g

© DENSITY OF PAYLOAD (INCLUDE OUTER SKIN WITH PAYLOAD)

Pa

V = 200 FT/SEC
250 FT/SEC
300 FT/SEC

._0.5

r_ 0.7

510064 |

15 20 25 30
RATIO OF LIMITER COMPRESSIVE STRESS TO WEIGHT DENSITY

9/p, 103 rr

10

FIGURE 1. IMPACT LIMITER TRADEOFF CHART
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pp/p‘- ratio of payload density to impact limiter density

o/p‘- ratio of limiter compressive stress to limiter weight
density

v - impact velocity
n - number of earth g's at peak acceleration during impact

are presented in Figure 1. The curves are only applicable to spherical
payload packages and spherical balsawood impact limiters of the Ranger-
type. The equations with which these curves were generated are document-

ed in the succeeding section. The configuration which we are considering

is sketched below in a partially crushed situation. The limiting (smallest)
value for r is given by

r-Rp+ ‘e(n-np),

vhere € is the compressibility R "P
parameter of the impact limiter

material. For balsa wood € is T

taken as 0.2. The curves in r

Figure 1 are based on this value. J

The tradeoff chart says nothing about the problem of sinking
into the lunar surface material. Furthermore, we assume that the
limiter crushes from the outside only.

The use of Figure 1 depends upon the parameters which are
fixed and constraints which may be imposed. Consider the following

example.
Given: Impact velocity v s 250 ft/sec -

Density and balsa and glue, py = 6.7 1b/ft>
d/p‘ = 21,000 ft (typical for balsa wood)

Maximum payload density, p'P = 134 1!)/.‘.t3

Determine: Weights and radii of the payload and limiter as
functions of peak acceleration.

‘-IOBf

e




Solution: Starting with og/p,= 21,000 in the right half of
Figure 1, we move“upward until the curve labeled
v = 250 ft/sec,
P 134
—B__ . 222 .9
Py 6.7
is reached. Moving to the left we find
- 0.39
Y
Using the left half of Figure 1 we find
Rp = 0.51 ft for a = 2000
=0.43 ft for n = 2500 V = 250 ft/sec
= 0.35 ft for n = 3000
In Summary
_ n = 2000 2500 3000
Radius of Payload l’ 0.51 £t 0.63_ft 0.35 ft
Radius of Limiter R 1.31 f&  1.10 ft 0.90 fe
Weight of Payload 73.2 1b 45.0 1b 24.8 1b
Weight of Limiter ; 58.2 1b 35.01b 19.2 1b
Total Weight 131.4 1b 80.0 1b 44.0 1b

REORGER 1. ¢ 2- 755

Note: Weight of outer skin cover is to be included as part
of the payload weight. ’

D.3 EQUATIONS FOR GENERATING FIGURE 1

A segment of a crushable balsa wood limiter with radial
yield stress o is shown below, The radial area of the element d¢
at the impact surface 1is :

Ar @) = 2n? M2E 4y

cos @
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The vertical component of force on the element is

27e2 gtan ¢d ¢

The total vertical force s

F(r) = Zm:ZU [ta@dﬁ = 2rr Glr( )

\\efas .
~—{r tan¢ L— o -
or £y =, = 2my 1n( )

OR

where W is the total weight, n is the number of eatth g's and y 1s
the ratio r/R. The maximum value for £(y) occurs at y = ¢ ~% = 0,607
and is equal to

f(o")- -1.16

The maximum allowable impact velocity is given by

-110-
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where

m = mass of payload and limiter

Yo Yo

o = [ f(y)dy-zwfy2 1n(-;-) dy

1 . 1

2 3 N, | Lam s

€ = compressibility factor (for balsa wood, € = 0.2)

RE-ORBER R, 627575

)

The nondimensional parameters f and Qare plotted in Figures
2 and 3 as functions of y = r/R’. The definitions of f and Pmay be

written as

£( ).TL! 5\, [~ 3
Ip 3yp o]% + (—a-, ‘1-1’)

-111-
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o |
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0
1.0 0.8 0.6 0.4 0.2 0
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$10065
FIGURE 2. NONDIMENSIONAL ACCELERATION CURVE
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FIGURE 3. NONDIMENSIONAL ENERGY CURVE
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90 | PAYLOAD + LIMITER = 90 LBS
BASED ON: TOTAL WEIGHT = 90 LBS
80 |- o /py= 21,000 FT
€ =0.2
70 |
3
pP/p[- 40 WHERE p, = 6.7 LBS/FT
60 L
(]
3
- 50}
§ |
:S' s L
=
30 |- o
NOTE: WEIGHT OF OUTER
LIMITER SKIN IS TO BE
INCLUDED AS PAYLOAD WEIGHT.
20 penn
PERCENTILE (TOTAL VELOCITY)
70 80 90 92 9% 96 97 9 100
LT TP ITT T
o N | ,
| | | | | | | - I |
ol H L1 | PO 1 1 1 Lt |
160 180 1200 220 240 260 280 300
ALLOWABLE IMPACT VELOCITY, FT/SEC
510067

FIGURE 4. PAYLOAD WEIGHT VERSUS IMPACT VELOCITY FOR GIVEN PACKING DENSITIES
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2

Wyp) = %%' (6'02) pr ¥ (5—‘)(1 ',y?3,

‘Where

y = l’/l

O 1is the compression yield stress of the balsa
pp is the weight density of the payload

Py is the weight density of the limiter

Then

<
N ]
~

2nR g
or R =
7"' P

e
©

yields the equation for the left half of the curves in ngro 1.
The equation for @ provides

2 [J
g . 2o 3:01.-43
Py~ 380 ‘7’21) LY L
which 1s the equation. for the right half of the curves in Figure 1.

D.4 SPECIALIZED TRADEOFF CHART .

A general impact limiter tradeoff chart was presented in

Figure 1. ’l‘he following parameters are specialized in this section:

(a) Ratio of the impact limiter compression stress to the
weight density of the limiter, Olp‘ = 21,000 ft.

-114-
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(b) Density of the balsa wood (including glue),
Py = 6.7 1b/ft°. This value is approximately
tée same density used for the RA-3 capsule.

(c) Total weight (payload + limiter) = 90 1b.
Based on these constraints we have generated two figures:

Figure 4: Weight of payload versus impact velocity for
different density ratios. Note: O 1is the
weight density of the payload.

Figure 5: Radii of impact limiter R and payload y R are .
glven as functions of the impact velocigy for
different payload densities.

The percentiles of total and vertical velocities are presented in
Figures 6 and 7, respectively. These curves were taken from
Aeronutronic Publication No. U-1532 which was developed for the
Ranger 3 fmpact. The total velocity percentiles which appear in
Figure 4 were taken from Figure 6. It is conservative to apply
these percentiles to Figure 4 in that the total velocity of an
off-normal impact is thereby equated to a normal velocity. It would,
however, be optimistic to use the vertical velocity percentiles of
Figure 7.

-113-
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APPENDIX E

COMMUNICATIONS ANALYSIS

E.1 SUMMARY AND CONCLUSIONS

The performance of the lunar payload-to-DSIF communications
1ink was analyzed for both the LSPC and SURMEC applications, assuming
functionally {dentical 2-watt, 960-mc transmitters and inflatable
antennas in both payloads. Holding the total normally distributed phase
error (from both signal distortion and noise) to less than 90 degrees
for 99.0 percent of the time and requiring a minimum output signal-to-
noise ratio of 20 db, the allowable data bandwidth is calculated to be
93 cps. This is comfortably in excess of the LSPC requirement of 65 cps
and the SURMEC delayed-time transmission requirement, but it {s short
of the desired minimum of 150 cps for the SURMEC real-time transmission.
The 150-cps bandwidth can be just achieved, however, by utilizing the

-available MASER in the Goldstone receiving systea,

E.2 LSPC COMMUNICATION LINK ANALYSIS

As part of the LSPC integration study it {is necessary to
evaluate the performance of the proposed communication link. This is
done to determine what, if any, tradeoffs need be made in the picture
coverage to assure reliable reception of the data with the transmitter
pover which is available. The approach which will be used if to enter
into a telecommunication design control table (Table I) all of the
pertinent gains and losses in the transmission system. On the basis of
these entries, and on the basis of an assumed transmitter power, a
received subcarrier power level is obtained. This level, diminished
by the accumulated negative tolerances, is then applied to an analysis
of the phase-lock receiver (presented in the latter part of this memo)
to establish what output signal -to-noise ratio can be obtained with a
high probability of remaining in a phase-lock condition. The criterion
for lock is taken to be such that the total normally diltribused phase
error, from both signal distortion and noise, {s less than 90° for 99.0%
of the time.

The entries on the telecommunication design control table
concurrently break into various. separate categories, which are discussed
below in Sections E.3and E.4. Section E.5 contains the ‘analysis of the
phase-lock receiver characteristics.

~119-
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TABLE 1

TELECOMMUNICATION DESIGN CONTROL TABLE
LSPC CAPSULE TO EARTH (TRACKING FEED (DIPLEXED) PARAMETRIC AMP)

PARAMETER ' VALUE TOLERANCE COMMENTS
Total Transmitter Power + 33.02 dbm 0.0 0.0
Capsule Transmission Circuit Loss - 2.64 dv +0.84 -0.99
Capsule Antenna Gain + 5.5 & +0.50- -0.50
Capsule Antenna Pointing Loss - 3.4 +0.43 -0.37 87 mi, position error
4 (30)
5" erection error (30)
Space lLoss -203.6 ddv +0.70 -0.7
960 MC, R = 237,500 St. Mfi. . AR of Transmitting
. : Antenna = 3.0+ 3.0 db
’ AR of Receiving Antenna
Polarization Loss - 0.46 & +.46 -0.68 = 2.6+ 0.4 db
Ground Antenna Gain + 43,7 & +0.80 -0.80
Ground l'nnsnintoh Circuit Loss - 0.65 b +0.13 -0.13 Receiving Line Loss
0.4 +£ 0.1 db
Diplexer Loss
’ : : 0.25 + 0.03 db
Net Circuit Loss -161.75 ab +3.86 -4.17 '
Total Received Power -128.73 dbm  +3.86 -4.17
Receiver Noise Spectral Density =174.61 dbm +0.60 -0.28

T system 250.45, + 16.44, - 36.7% .
Carrier Modulation Loss & = 1.4 + 102 - 4.93 &b +1.05 -1.27

Received Carrier Power ~ =133.66 dbm +4.91 ' -5.44
Carrier APC Noise BW (le- 20 cps _ :

+4 cps | 13.01 b +0.97 '-0.79

CARRIER PERFORMANCE:

Threshold SNR in 2B, ' 5.6 db -- - --
Threshold Carrier Power ~-156.00 dbm -~ +1.57 -1.07
Performance Margin 4+ 22.34 dd +6.48 -6.51
SUBCARRIER #1 Facsimile Data
$ = 1.4 +102 . .
Modulation Loss . - 2,31 & 40.33  -0.47
Received Subcarrier Power -131.04 dbm +4.19 -4.64
Subcarrier APC Noise BW (2B 5= 2140) 33.31 & -- == | Total Mean Square_Phase
Error = 0,37 RAD2
Threshold SNR in ZIL 5.32 dab .- - .
. .. , . I
S AR
Threshold Subcarrier Power =135.98 dbtm +0.60 -0.28
Performance Margin + 4.9 db +.79 -4.92

124



RE-OREER M. 6.2- /575~

E.3 CAPSULE TRANSMITTER AMD ANTENMA BYSTEM

It is assumed for the purposes of the integration study that a
total transmitter power of 2 watts at 960 mc will be available for the LSPC
mission. As yet no tolerances on the transmitter power output have been
established. The 2 watts are entered in Table I as 33.02 dbm. The capsule
antenna subsystem i8 an inflated mylar bifilar conical antenna which is
fed with a 4 foot microdot cable. This antenna is circularly polarized and
possesses the following characteristics. The nominal parameter values for
the antenna subsystem and their tolerances are the result of measurements

| with the exception of the radiation efficiency, which is estimated.

_ Parameter Nominal Value Maximum Value Minimum Value
‘1 Antenna Gain (on axis) + 5.5 db + 6.0 db + 5.0 db
: Antenna Gain + 1.9 db ‘ +2.5 db +1.3 db

(at 45" from the axis)

, . Transmission Line Loss 2.0 db -2.2 db ' -1.8 db
| VSWR (1.5 :1) (2.0 :1) (1:1)
| (-.18 db) ( - .46 db) ( 0 db)
| Radiation Efficiency (90%) (100%) (80%)
a . | - .46 db) (odv) ( - .97 db)
Axtal Ratio - 3.0 & 6.0 0.0 db

The effective db loss associated with a VSWR of 1.5:1 is given by
the expression :

P | 2
db loss = 10 log (_(VSWR) “+ 2 (VSWR) + 1)
| 10707 (vswm) 2+ 2 )

For a VSWR of 1.5:1 the loss is

10 1og 10_:_.52% = -.18 db

The radiation efficiency is directly convertible into a db loss of

! ' db loss = 10 Log ,, .90 = -.46 db

1. -121-
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The transmission loss associated with ellipitical polarizations, as
reflected in the axial ratio parameter, is dependent also on the axial ratio
of the receiving antenna polarization. Given an axial ratio for both the
transmitting and receiving antenna, a maximum and minimum transmission link
loss can be obtained from the curves in Figure 1. Minimum loss occurs when
the semimajor axes of the two ellipitical patterns are coincident and maximum
loss occurs when the semimajor axes are normally disposed to each other.

The axial ratio for the Goldstone Antenna, when using a tracking feed which
is diplexed, is given in a JPL memo as being 2.6 db + 0.4.db. From the
ensemble of intersection points in Figure 1 which correspond to the various
nominal and extreme values for both of the axial ratio parameters, it seems
reasonable to assign transmission link polarization losses equivalent to
transmission efficiences of 90%, 100% and 777% which represent the nominal,
maximum and minimum efficiencies, respectively. The db equivalents of these
efficiencies are entered in Table I under polarization loss. ‘

The capsule transmission.loss entry in Table I includes the lumped
effects of line loss, VSWR loss,and radiation efficiency. 1In all entries
of tolerances in Table I the sign convention is adopted as follows:

If a parameter varies in such a way that transmitter power would
have to be increased to overcome the effect of this parameter variation
on received power, it is entered as & negative tolerance. For example, s
VSWR increased from its nominal value of 1.5 to 1 to its extreme value of
2.0:1 results in introducing a negative tolerance of -0.28 db.

The nominal angle between the earth-moon line and the local
vertical, to which the antenna is aligned, is taken to be 45°., The
combined effects of impact position error and antenna erection error
lead to increased tolerances on the antenna pointing loss which result"
from using the antenns at an angle of 45° from its axis. Without position
and erection errors the antenna gain 45° of the axis is expected to be
1.9 0.6 db. '

The rms variation in the angle between the earth-moon line and
the antenna axis i{s, assuming uniform angu11r distributions of the position
and erection error,

Ap = 1/2 Vplz + ,022 where Py» andﬁ P, a}'c the

rms angular position and erection errors. Assuming &8 30 error in erection
of 5 degrees and a 30 position error of 87 statute miles from both tracking
and midcourse errors, the 30 value of A¢p is 0.06 radian = 3.5°,
Correcting this to db tolerances using the parabolic relationships
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P (db) e (®e )2

n

)
P_ (db (¢ 4

where Pn and P. are the nominal and extreme values of power expressed in db
and ¢n and ¢‘ are the nominal and extreme values of the off-axis angle.
Using Pn = 1.9 db and ¢'n - 450, the additional tolerances become ~.27 db

and +.33 db and these must be added to the tolerances on the antenna gain at
® = 45 to yield-the overall tolerance.

The entry for space loss is obtained from the expression Lpg (db) =
36.6 + 20 1og10 D + 20 log 10 f where D is the distance in statute miles and

f is the frequency in megacycles. The ground antenna gain and ground trans-
mission circuit losses were obtained from JPL-supplied data on the DSIF
parameters when the 85-ft reflector i{s used with a tracking feed and is diplexed
to track on 960 mc and transmit on 890 mc.

E.3.1 Receiver Temperature e

The effective temperature of the receiver is made up of various
contributions from the different sources of loss. In keeping with the
idea of using available operational equipment used in its most convenient
manner (i.e. accepting something less than a completely optimized transmission
1ink) noise temperatures will be determined for a parametric amplifier
using a diplexed antenna with a tracking feed arrangement. The system noise
temperature will be referred to the input of the parametric amplifier.

° Fson the JPL data on the DSIF parameters, the antenna temperature
is 40 + 10" K. This temperature is converted into an effective system
temperature (i.e. referred to the amplifier input) by the equation

Antenna Contribution = 40° + 10° X = 34.4° K + 8.6°

1.162
The 'TLTEE factor arises from the fact that the antenna noise is attenuated
by the combined transmission line and diplexer loss of -.65 db = 1
. 1.162
ar ,
-
- 12‘. *
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The line loss contribution {s given by To (1 -~ where To is the ambient

i ad )

temperature and L is the line loss. Taking To as 290: K and L corresponding
to .4 db + .1 db we have line loss contribution = 290° (1 - 1 ) =

T+ .23(6 % .1)
290 (.23) (.4 +1) = 26.5° *5.68
1.092 + .023

similarly, the diplexer loss costributiog 1is
Diplexer loss contribution = 290" (1

—_— ) =
1+ .23 (.25 + .03)

o

200° (.23) (.25+ .03 =15.75°"% 1-3%
1+ .23 (.25 % .03) .- 1.%07
o+ 0

Parametric Amplifier Contribution = 150 - 20°.

o
Contribution due to pointing antenna at the moon = 30 :E.Qo = 25.8° + 0
1.162 .

°+16.46°
Thus the total system noise temperature is: 250.45 -36.76"

y -

E.3.2 Carrier Performance

In the interests of facilitating the carrier locking process, a
carrier deviation ratio of 1.4 is assumed.

The variation in the deviation ratio due to temperature and voltage
variations in the modulating system are taken to be + 10 percent, For ad
of 1.4 the relativi carrier power is reduced from the total received power
in the amount of Jo (1.4) = (.567)2 = ,321. This corresponds to a carrier

modulation loss of -4.93 db. The carrier APC noise bandwidth is taken as

20 cps * 4 cps which leads to the decibel values shown in Table I. Taking .

& threshold SNR of 5.6 db in the an bandwidth, it can be seen that there
(4

is a fairly large performance margin in the carrier performance.

E.3.3 Subcarrier Performance

With the assumed deviation ratio of 1.4 the total aubcarrior:
povep is reduced from thi total received power level in the amount of
231 ° (1.4) = 2 (.5419) € = .588. This leads to a modulation loss of

©2.31db and yields a total minimum received subcarrier power of -135.68
(including all appropriate accumulated negative tolerance).

- e ——— e - R e e S b == — T = T S - g
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With & maximum system temperature of the receiver of 266.9° K the input
signal-to-noise ratio in the data bandwidth of 65 cps is (S/N){ min =

20.5 db., The (S/N)4 ‘min 18 & parameter used in the phase-look receiver
analysis discussed in the next part of this memo which, in conjunction

with the total sllowable mean square phase error $ » deternines what

the optimum loop bandwidth is and what the minimum output signal-to-noise
ratio will be. From the results of the analysis in the next section, the
expression for the loop bandwidth Bjg in terms of the maximum data frequency
fmax is given (to a good approximation when X< 0.5) by the expression

ng ‘

24-2-31_0' 'J—z = 2

1]

z
“, { min

Using a value bof Zz equal to 0.37 ta«l2 (the total phaseb error will be
less than + 90° for 99 percent of the time) leads to a value of X

5 3am 1
& g 031 iy - 0-202

This in turn leads to a loop bandwidth

a ant . ‘
28,5 ——— — .= 2140 cps
 NZ (202) .

b &

T

. and an output sigml-‘to-noisc of

. . ~z . . * . .
(%). l‘; + = -% = 616.1 or an (%) of 27.9 db.
 of 3x . o _

This minimum value of output S/N {s considered as adequate and if the
communication link parameters and their tolerances are maintained as shown
in Table I the 2-watt transmitter should suffice for the LSPC mission.

Since the (S/N),_ min 1® 20.5 db in a bandwidth of fraxs the

(S/N) 1n 2B;5 1s 20.5 db - 10 log ;, %s& = 20.5 db - 15.18 db = 5.37 db.

Under the threshold conditions, with X chosen as 0.202, the mean square
noise phase errorozn’ would be

3 - ,
2 2 Y .
%ap ")5\ . = Wi2)(0.207 = 0298 rad
T,
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Then the signal distortion phase error contribution would be

2.4
"z.p = (0.37 - 0.298) rad = 0.072 rad2 ¥ "p X
- s
or
2 0.3 2
= = 0.200)% * 216 rad
or

u’z- - 14.7 rad

E.4 SURMEC COMMUNICATION LINK ANALYSIS

Applying the above considerations to the SURMEC Capsule, with
the recognition that the desired data frequency £, is 150 cps in this
case, the additional received subcarrier power needed to maintain the
99% criterion can be determined.

Alternatively, for the same received subcarrier power, the
corresponding reduction in "lock probability" can be evaluated, or if-
transmitter power and "lock probability" are kept fixed, the maximum data
frequency can be determined. ' '

In the case of SURMEC the input S/N ratio in the data bande
width would bde ' h .

o . 150 cps
($/M)y 14q = 20.5 - 10 log

65 cps © 16.36 db = 43,2

Using the ipproximation formula for optimum Bro apd tentatively keeping
the total mean square phase error at the 0.37 rad? value (99% criterion)

«3Mmax Y5y 3F 1 .58
* 2J7 3y, hiz (s/m), = T

o a o 3Tfmax .
Then 2By = DAX = 1930 cps
V2 x
and M o S + 7 st a-nsa
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The minimum output S/N at the output of the discriminator is consequently
below the desired level of 20 db, A value of 20 db is obtained when

£ (s, =257

Thus, if 212 is kept at 0.37 radz, (S/N)1 min PUSt increase to a value
of 69.5. That is, the received subcarrier power must be increased by

2.07 db or the data frequency must be reduced from 150 cps to 93 cps.

Alternatively, with the same received subcarrier power the total mean

square error 22 must be permitted to increase from 0.37 rad? to 0,595

rad? 1f the 150-cps data frequency is retained, This would result in

the total phase error being less than + 90° for approximately 95.76%.

of the time rather than for 99% of the time,

Another alternative to accepting the reduced data frequency
capability or "lock probability" discussed above is to consider using
a MASER amplifier in conjunction with the parametric amplifier. Using
a MASER amplifier reduces the maximum effective system temperature by’
106.0°K. This increases the (S/N){ min by 2.2 db,which is just enough
to permit obtaining an (8/N), of 20 db with a two-watt transmitter and
a 150-~cps data frequency while still using the 99% criterion applied
to the total phase error, = - .. . - .

¢

A |

E.5 R. F. COMMUNICATION LINK ANALYSIS

E.5.1 Phase Lock Receiver Analysis

The following analysis is concerned with the output signal-
to-noise ratio at the output of a phase-lock loop demodulator. This
demodulator is taken to be equivalent to the linearized system shown -
in block diagram form below .

¥ .

2 1l + as

@ jre
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2 1+as
.2 ' .2 (1 + as)
H(s) = - 73 (1)
: 1+-231+2" 1+n+—-—.z'

The signal input to this network is

flat power spectrum over the information bandwidth -fy,, < f

considered to possess a

£ + foax.

The mean square signal distortion at the output of the demodulator is

then
o
2 1 2
9 p " 73 L () |1-8(s)| € as (2)
p
where 0” (s) is the power density npecéun of the signal. 1If mg is the
T . n2
mean square phase modulation index, then ¢ p (s) = EEL- udz/cpn. The
: . max
mean signal power output soz is then given by
Jo . : '
2 1 . |2 | .
5 * 7 o.p (s) | n(s) | ds 3
~Jo
and the mean square noise ﬁxtput is
o ,'
0.2 = i ® (s) |8(9)]| ds - (%)
np 2rg np :
. Jym
The output oignal-toﬁx‘oiu ratio 'cch be expreugd as
2
_ s ' 2 2
(/) = —2—2—-2— - _Si vhere 2 -az-l- 0.2 _ (5)
o g+ 3 np ! 4
np sp

~  ERT e v . W cmest e A .
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is the total mean square phase error.

Thus,

g
sp

vhere y = ael' :
' 2

2

Similarly, So =

REORDER Mo, ¢ 2- vs7s™

2mif - 2
2n3 : meax .2. 2
-z.n.jfmx Il + as + ‘—z I
2 mt St
-P f . . 4 4
2t ' 2, 22 w
max A [(1-_ azw) +.2mz]
\ it a .
®p Va2 [V2 y
e e | W] O (©
max l+y
]
1+ ul
222 98
|1+u+.'; |
. .
max® - » ) .
. Qa+ 2y _
dy )]
Qa+ y‘) '
=130-
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The mean sqaure noise output is given, for white noise of constant power
spectral density ¢ n(o) **

1 |1+ ul
0 2 ds
..._!.
- r 1+ ..+ '

This can be evaluated by residues to yield the result that
np n n 2

1f thc effective noise bandwidth of the phue-lock loop is
defined as le'. then ; .

or c - 2 : ’» (9)

The output signal-to-noise ratio is now expressible as

L g2 28, @
‘%) . .__239___2. - L [1- BLG (10)
lo %% * %p o Y.
—u—sz. o
o
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where 2
‘1 + 2y , 4
1+ yl.

2‘"!'“x a e

and x = _ﬁ-..z‘v;.‘
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(11)

(12)

(13)

The integrals in both the nuperator and denominator can be evaluated ex-
plicitly from Pierce's table of integrals and are of the form

[ (lﬁl? &y = 5 v(xi ;u;x)]

1+y

and

[ (1 " ’ dy = [x = (u(x) + v(x))]

(14)

(15)
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where
u(x) - .__1_ zn' x: + vz-—x + 1 (16)
“V{ 2 -Vex+1
and

v(x) - #2: tln-l .Vi-x-z ' (17)

1-x

Thus, the output signal-to-noise ratio may be expressed as

| & e
S y- v 1 - -—"—-Wé-’;)‘ Q8)
V2x L

(EL' [x - (u + v)J

It can be seen that for a fixed ratio of input signal to input noise
in the data bandwidth (which effectively makes the product«bn fmax a constant)

and a fixed total mean square error i: (vhich implies the total phase error
is less than + 90° for same percentage of the time) the (S/N)° is solely a

function of x or equivalently the loop bandwidth By . Furthermore, a value
of x can be selected which maximizes the (S/N)o.

Analytic manipulation of equation (18) for all values of x is some-
what cumbersome. As it turns out, for (S/N) values of interest x is approx-
imately 0.5 or less and, in this region, sugtable power series approximations
can be obtained for the parameters of interest. A plot of G(x) is shown in
'Figure 2 along with two plots of

. ® aInt o
Nx) = 1 |--2—03 (19)
| V2Ll
) £ .
with values of -IL-;l corresponding to 0.16 and 0.64.

® 1s the resultant spectral density of the phase error where

both positive and negative frequencies are integrated to obtain mean-square
phase error. When a subcarrier system is used,® can be determined from
8 consideration of the mean-square additive noise power density ¥ (which is

«133-
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FIGURE 2, COMPONENTS OF OUTPUT SIGNAL-TO-NOISE RATIOS OF PHASE-LOCK DEMODULATOR
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constant and equal to a value of y = %Z for all frequencies both positive

and negative) and the signal power associated with only one of the four
subcarrier components. The additive noise component can be regarded as
consisting of two components - a component that is in phase with the sube
carrier signal and a component that {s in quadrature with this signal.

The spectral density of each component is therefore %?. If the signal

is relatively large in magnitude compared to the noise, only the quadrature
noise voltage component affects the phase of the signal plus noise re-
sultant and the situation can be represented by the following sketch.

Here 8 is the rms signal voltage associsted with oho subcarrier sideband,
is the rms additive noise voltage in 8 1 cps bandwidth,and ¢ 1is the
pﬁuuc error.

[N
]

2, A Y
For |S]| >>|v )0 /cps ¥ —F
' 8

(20)

alg" r
2"

where P, 1s the total received subcarrier power. This same result would

be obtained if the total received subcarrier power were used, i.e., con-
sidered after the frequency folding process of carrier and subcarrier de-
modulation, since in this case the additive noise spectral density would
have to be quadrupled to account for the total bandwidth (at both positive
and negativc frequencies) surroundins all of the four subcarrier signals,

£
As an example, the curves plotted in ?isure 2 for —5-%55 = 0.16 or 0.64

correspond reupectively to an input signal to noise (in the data bandwidth

. N . z
of ( ) KI f @ 25.1 = 14 db and a total mean square phase error i:

of 0.25 radz lnd 1 tldz relpectively. That {s,
=135~
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°n fmg; 1 1
2 " 7" (.1 . .25 ~ 016
) P L |

KT fmax

The equivalent noise temperature of the system is thus regarded
as that which leads to a total noise power contribution of KTB where B is a
bandwidth interval only on the positive frequency axis.

Thus, equation (18) can be expressed in terms of an input signal-to-
noise ratio (S/N)i over the data bandwidth

an

(s,‘_ Gv - u)
N° [x-(v+u)]

(glx .

vhere

s| T '
(i) A | (22)

E.5.2 Series Expansions of y and ¥

Since (S/N), < G(x) for all x and since the area of primary

interest is where (S/N, > 100 (i.e., 20 db), it is reasonable to expect
on the basis of the plot of G(x) in Figure 2 that the most useful range of
x is x £ 0.5. PFor this range of x values it is convenient to consider
Taylor expansions of the functions u and v. In this way, a8 more tractable
expression for the (S/N) 1is obtained and optimization is easier. For x
in the neighborhood of zero, Taylor's expansion of a function £f(x) is
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2 1o 3 n
£(x) = £(o) + £ (o)x+ £ (o) Erf)E5+..+ 0%
2. 3.. n,

Applying this to the function

1 x2+2x+1)
u(x) = 7 In
4 2 x2-2x+1’
yields
1 x3 xS 7
u(x) = 2%- 7 -1275x120 X
3. 5. 7. »
2 4 6
- 1 X X, X :
2% -3 5+ 21, : (23)
1 ) -1 VZx
Applying this to the function v(x) = tan 3
z'vz l-x
yields the series approxtmtion
~ S 7
vix) = ;7 m— 1&5}.
2 . s 7.
2 4 6 .
- 1 b S DU )
e IR,
x=-(v+tu) = s+21°-sforx<0.$
and s 3~ s 6
3
x _3x .3 7.1 X X X
3v-u-%x+z 0 " 35 X 2%+ 6+10 e
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or
3v-u = x[1+‘32‘x2-xl./5]

Hence _ - S,

2 & - 1L
(_s_) i 5(1 + 2/3x --’-'*5—) (1- vz

bl e

2
The maximum value of (%) for a given ‘%’ 2: product can be approximately
o i

obtained by ignoring the xz and x% terms in the numerator of equation (25)
In this case

(")
|

_g(g) L, VT
ax {N] I l_-s-',—gi'
My
or
x=5/4 (26)

am_ 1
. \fz‘HZi'
N
Then with x given Sy equation (26)

R | I b P S | (27)
(N)Or' [xl’ 3;2 s]

The procedure which appears most reasonable is to optimize the
(S/N) by selection of x, i.e., the loop bandwidth, when the input signal-
to-nolse ratio (S/N)i is the minimum it will be. That is, when all the
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accumulative negative tolerances in the communication link are used in
conjunction with the nominal system gains. Then the nominal performance
will be improved over this threshold value in the approximnte ratio of

! - 4(S/N) )
(s/N)gN - S(S/N); noginal - 5 1 - 4 (S/N)i min
(sln')‘o'.r' 1 - % 5 Gy ominal
Once a value of x has been chosen on the basis of (8/N) and

i min
2

the allowable or desired total mean square error 2: » the mean square noise

contribution toi: can be computed as 2BjKT where T is the effective re-

ceiving system temperature. The modulation index is then constrained to be
that the mean square signal distortion component g, 2 _is such that from
equation (6) P :

2, — !
2 n%' 242 nL 2 .
g = - - -
sp e, [“ w+vf=3" -2m0 )
. ) ) 1.
C e L . \".
or
g 2% :p_z. = 2
sp  x |5 f i: B 2nﬂpn
‘oY

=3 : |
m, = :'5 '\F(z - 280, ) (29)

S e g v it e e e oG e e s c—

/%3



